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INTRODUC TION

.The All Weather Landing System (AWLS)* installed on the StarLifter provides
the capability of safely landing the aircraft under Category I (CAT II)
weather conditions (100-foot altitude and 1200-foot visual range). Either
automatic or manual aircraft control can be used during AWLS landing
approaches down to a minimum decision altitude of 100 feet. As an added
capability, if adequate visual contact withthe runway is established at a
100-foot altitude, the AWLS controlled approach can be continued to run-
way touchdown. Control of the flare maneuver and automatic retarding of
the throttles are provided. The pilot, however, must decrab the aircraft
as necessary and must control the roll-out by using visual references.
Progress display lights, as shown in Figure 1-1, {lluminate as certain
milestones are reached to inform the pilots of progress of the AWLS
approach. The lights are labeled LOC, G/S, APPR ARM, LAND ARM,
U and FLARE. The locaiizer (LOC) light illuminates to indicate localizer

' beam engagement, The Glide Slope (G/S) light illuminates to indicate G/S
beam engagement. An automatic preland test is then initiated. The APPR
ARM (AA) light illuminates at test completion. The LAND ARM light
illuminates to indicate minimum descision altitude of 100 feet. The
FLARE light illuminctes to indicate flare engagement.

PUSE TO
AUTO
RESET

|_Loc__|

e
&/ -

{APPR ARM |
[LAND ARM|
l FLARE |

FIGURE 1-1. AWLS FLIGHT PROGRESS
DISPLAY & AWLS CAUTION PANEL

*A complete list of abbreviations and symbols is shown in the Appendix.
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In the event an approach abort is necessary, optimum pitch steering commands
and wings level commands are displayed to the pilots for performing the go-
\J around maneuver through manual control of the aircraft.

A GO-AROUND mode light on each panel illuminates

when go-around is-selected.
{___TPLC i
Automatic failure monitoring of the AWLS is provided . [ LoC ]
during the final phases of the AWLS approach (beginning
at APPR ARM progress). If an AWLS failure should LG/S MAN 1 |
occur that affects the approach, appropriate failure [6/S MAN ZJ
indication lights illuminate to alert the pilots of the =1
malfunction. The fault is announced by the illumination M
of either the MANUAL or the AUTO (or both) caution [LA/P PITCH |
lights on the flight progress display panels as shown TWO_'I—I
in Figure 1-1. The pilots' attention should then be
directed to the AWLS fault identification panel, { FLARE |
Figure 1-2, where the appropriate fault light or lights [ LAND ARM |
further idertify the faulted area. ‘
} ' |__RDR ALT |}
The AWLS also contains a manually operated, "enroute" [ THROT ]
test capability. It can be run during cruise or at any ,
time prior to the beginning of an AWLS approach. If . L_R/GA |
a failure is detected during the test, appropriate { FLT DIR 1 |
fajlure lights, as shown in Figure 1-3, illuminate to
: provide the pilot with enough information to make =
\—/ the descision to continue to his destination or to proceed {__SPARE i
—_ \ {_GYRC 3 |
— "
f {j[TESTl! Mrosoil frestill o\ Z1gU0s 1.7,
e Y Yo FALT
: LRESETH {{RESZTH {RESET =, ’f‘~"]\{"|"7:'-'2",“‘?'?f":5‘;
: \L \ ;I, UI LR i iAo
: AR SLT LTI FLY oIaocs A Zwinibouzs the Tlighs
i - Director Svsiems (FDS's)
FIGURE 1-3, are tested during the

AWLS AND FLIGHT LIRECTOR TEST PANEL AWLS test, they are
provided with separate
test capabilities. Aan

FDS test can be run at any time. The enroute test and the FDS test car also

ke used as preflight items and as an aid when maintenarce is beirg ceriormed,

A second test, the "preland" test, is automatically run during the AWLS approach
just after G/S interception. This test is a confidence one which checks the

"/ 12 VOL. IX
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failure monitors to assure that failures would not go undetected. The flare
computer is also functionally tested at this time,

K a failure is announced during test, or occurs during the AWLS approach that

- would prohibit or cause termination of the CAT I approach, a normal CAT I

Instrument Landing System (ILS) approach (200-foot altitude and 2400-foot visual

-range) can be executed. The CAT II approach cannot be made if any of the

following is under failure conditions:

o Low-Range Radﬁr Aitimeter
o Either Glide Slope Receiver
o Either Localizer Receiver

o Two of three Attitude Gyros

Automatic control of the approach is provided through operation of the Autopilot
(A/P) system. Manual control of the approach is provided through guidance
displays on the FDS's Attitude Director Indicators (ADI's). * The A/P, or
either of FDS, can be used to make the AWLS approach. Normally, the A/P

is used and the FDS's serve as monitoring and backup systems.

The FLARE computer provides the flare maneuver commands to the A/P and
FDS. It also provides LAND ARM (minimum decision altitude of 100 feet),
FLARE engage (45-foot altitude) and throttle retard (20-foot altitude) signals.
The Automatic Throttle System (ATS) is used t¢ automatically mainiain the
desired Indicated Air Speed (IAS) during the approach and to retard the throttles
curing flare. Howevar, an AWLS approach ¢an be acconiplisked with the pilot
cortrolling the throtiles manually. The ATS can also be uszd during normal

gruise for mainiaining a desire< IAS,

o

(a2} - ~ LY cecwy st ol B e - = . . 4 Ry e o
The Retation/To-Around (T Gout compuler provides go-around pitel commands,

During go-around, it provides the maximum safe pitch steering commands

{angle-of-attaci:; for arresting the descern: and optimum pitch commands for
terisrmming rhe clnia-enil, Tho comotior oon alse by usad to provide commands

during takeoil.

Two G/S receivers and two VAT Navigation (LOC) receivers provide signals for
making the AWLS ILS approach. Ii is necessary that they be tuned to the same
ILS frequency and be functioning normally for the AWLS approach to be
accomplished.

The low-range radar altimeter (Chapter 2) provides absolute altitude which is
displayed on the radar altitude indicator, and on the altitude pointer of each ADI

* Shown on: Figure 1-4, main instrument panel

CYoL. IX - 1-3



Radar altitude is also furnished to the flare computer for developing the LAND
ARM, FLARE, and throttle retard signals. The low-range radar altitude

" indicator furnishes a minimum radar altitude warning signal to the Minimum
Decision Altitude (MDA) light on each flight progress display panel.

The Test Programmer and Logic Camputer (TPLC) (Chapter 10) is a central
point which interconnects all other AWLS subsystems. Basically it provides
monitoring, programmed testing, gyro attitude intermediate signal selection
(using three vertical gyro inputs), and automatic disengage functions.

The Vertical Navigation (VER NAV) system (Chapter 3) is a natural supplement
to AWLS as are lateral navigation systems. Lateral navigation systems provide
lateral guidance for getting the aircraft within 20 miles of the terminal area,
and VER NAV provides descending vertical guidance to the A/P and FDS's for
getting the aircraft down from cruise altitude to terminal area altitude (1500 to
2500 feet) where the normal ILS or AWLS approach begins, VER NAYV can also
be used to provide ascending vertical guidance to a desired cruise altitude.

AIRCRAFT INSTALLATION

The AWLS consists of multiple equipment, subsystems and associated systems,
and equipment all integrated to perform as a single functioning unit to safely

guide the aircraft to the runway. All displays associated with AWLS are arranged
on the main instrument panel, as shown in Figure 1-4, to provide the pilots with
easily interpreted information pertinent to the AWLS approach. All controls,

with the exception of the AWLS ARM switch which is on the A/P control panel,

are located on the center console, as shown in Figure 1-5, to permit maximum
usability with minimum pilot effort and distraction.

AWLS EQUIPMENT, SUBSYSTEMS, AND ASSOCIATED SYSTEJIS
"AWLS equipment and subsystems are as follows:

AWLS Master Caution System
Flare Computer
Rotation/ Go-Around Camputer

e ©0 o o

Test Programmer and Logic Computer
AWLS associated systems are as follows:

Autopilot System
o ‘Two Flight Director Systems
o Low-Range Radar Altimeter System

oy

1-4 VOL. IX
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\./ o Automatic Throttle System
o Two Glide Slope Systems
o Two VHF Navigation Systems (LOC) :
" ) o Two C-12 Compass Systems
o Two Central Air Data Computers

o Vertical Navigation System (not used during
actual AWLS approach)

FAIL
SAFE
, TEST
AUTO-THROTTLE
arm switch

AUTO-THROTTLE
friction
T1ight

AUTO-THROTTLE &

trim uni$ —7%

slave switch

ENTER CONSOLE

()
(o)

FIGURE 1-

or
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Most of the rack-mounted components of the above systems are located in the
avionics equipment racks under the flight station floor.

NOTE

Refer to specific system chapters
for a breakdowr of components and
locations.

SYSTEM OPERATION

General operation of each AWLS subsystem and associated system is given first
and then followed by an explanation of total AWLS operation. More detailed
operation of subsystems and associated systems are found in appropriate
system chapters. A block diagram of the AWLS is shown in Figure 1-5.

Autopilot System

The -Autopilot (A/P) system (Chapter 9) is an associated system of the AWLS.

It provides automatic control of the aileron and elevator axes and also controis

- the rudder through the yaw damper system (Chapter 8) to provide turn
coordination. Automatic control of the AWLS approeach is provided by fail-safe
operation of the A/P, i.e. if a failure occurs that affects automatic control, the
appropriate axes (roll or pitch) automatically disengage.

Seasor inputs for the A/P are provided fram No. 2 systems wien duzl systems
are on the aircraft.

>

The A/P is interconnectec wiwu: the copilot's (Ne. 2) FDS., Nevigaticn zigmal
inputs and navigutiva mode seieciions ar2 vrovided Irem iiic oopilic senaviiiln
selector panel. Hsoading and course ssiect signals are supplizd Zrom the cogi’
Horizonta! Situation Indicator (HSI.. Autopilot paneis and coniro:s zre shewn o

Figure 1-7T.

The AWLS switch, lccated on the A/ controi panel, is used to arm e AWLS.
Its operation does nct require the /P to be engaged.

Built-In Test Equipment (BITE) is implerented in the A/P to serve two
functions; First, it cnables functional testing of the A/P circuits that are used
for an AWLS approach. Second. it provides moritor.ng of the A,/ 2 during .ze
AWLS approach after APPR ARM progress. If faults are detected during test
or during the AWLS approach, the appropriate failure lights (A/P ROLL or
A/P PITCH) illuminate. The A/P test is automatically run as part of the AWLS
menroute” test. The A/P disengages when the enroute test is initiated. Manual
re-engagement at completion of the test is required if A/P operation is desired.

‘
s,
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'Flight Director System

The two FDS's (Chapter 7) are associated systems of the AWLS, FDS No. 1 is
~ the pilot's system, and FDS No. 2 is the copilot's system. They provide a
visual display of guidance commands to the pilots to enable manual control of
the aileron, elevator, and rudder axes for flying the desired navigational path.
During A/P control, the FDS's serve as monitoring or back-up systems.

Separate sensor inputs for the two systems are provided in all cases where dual
systems are on the aircraft. For example, the FDS No. 1 receives inputs from
G/S No. 1, VOR/LOC No. 1, Tacan No. 1, and C-12 compass No. 1. FDS No.
2 uses the same sensor's inputs as the A/P.

Roll and pitch attitude for the pilot's and copilot's ADI attitude display (artificial
horizon) is supplied directly from gyro No. 1 and gyro No. 2, respectively,
Roll and pitch attitude used in FDS steering computatmns is supplied from the
TPLC attitude intermediate signal selectors.

Radar altitude is displayed on the ADI altitude pointer. The pointer represents
a miniature runway. For altitudes above 200 feet, the pointer is deflected
down and out-of-view. At 200-foot altitude the pointer is in view at the bottom
of the indicator. As altitude decreases, it moves toward the miniature aircraft
symbol. At zero-foot altitude, it will have moved to the aircraft symbol.

Most FDS modes are selected from the No. 1 and No. 2 navigation selector
panels. Norraal FDS modes not new to AWLS are discussed in the FDS chapter.

The VER NAV mode is selected when the navigator places the vertical navigation
system to active cperztion. Selection of this mode is indicated by the illumination
of the VER NAV mode light or the navigaticn selector panels. Ar intensity ccatrel
for the VER NAV mode light is adjacent to the light. In this mecde, the ADT's
display displacement and pitch steering from the vertical navigation system.

The R/GA mode is selected when the go-around button on eitker pilot's outer
control wheel grip is pressed, The ADI's display pitchk steering commands {rox
the R/GA computer and wings level cammards from the FDS camputer.

The FLARE mode is automatically selected during an AWLS approach at about
45 feet, radar altitude, The mode select signal comes from the flare computer
by way of the TPLC to the FDS's. Flare maneuver pitch steering commands
from the flare computer {Chapter $) are displayed on the ADI's in this mode.

The A/P mode is provided in the copilot's FDS only. Switching to this mode is

automatic and is done during an AWLS approach by the TPLC at APPR ARM
progress. Both the lateral and vertical channels switch to the A/P mode for

1-10 VOL. X
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displaying A/P roll and pitch steering commands on the copilot's ADI. The
copilot's ADI therefore provides A/P steering displays for monitoring purposes.

The VOR/TAC APPR mode is manually selected on the navigation selector panel
and is used with VOR or Tacan after on course tracking is established, Its
purpose is to increase bank steering sensitivity for low-speed, close-in VOR or
‘Tacan approaches.

FDS mode priorities are established as follows from highest to lowest priority:

LATERAL CHANNEL VERTICAL CHANNEL
HDG Select ' R/GA

R/GA | A/P (FDS No. 2 only)
A/P (FDS No. 2 only) ILS (Glide Slope)
VOR/ILS, TAC, ASN-24, VER NAV

ASN-35 (as manually selected)

The TPLC performs the following signal or validity monitoring functions
associated with the FDS's:

ADI Attitude Displav - The TPLC monitors the position of the pilct's and
copilot's attitude displar- {artificial horizon). If either differs appreciably from
the gyro input, the appropriate GYRO 1 or GYRO 2 fault light illuminates.

ROTE
. s N . -
Invalid guyrs ztsiiucde gignai curpuis
g A . .
alec illumirgte the FYI2 Faunlz ligtuvs,

TPLC Attitude Qutnuts - The TPLC menitors TPLC attitude outputs signals, If
tose supplied o ewtner 703 sompuias ¢ appropriziec ADI zizering polatir

is pulled out-of-view, |

Localizer 1 and 2. Glide Sione 1 and 2, and Flare Validities - If either of these
are invalid during the AWLS approack afier APPR ARM, the appropriate ADI
steering pointer is pulled out of view and the appropriate AWLS fault light will
illuminate. A flare signal failure would have no effect until the fiare mode
occurs.

Flare Svstem

The flare camputer is a subcomponent of the AWLS. During the’AWLS approach,

14
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it provides flare maneuver commands for display on the FDS's ADI pitch
steering bars and to the autopilot, In addition, it provides the LAND ARM
signal (100-foot radar aititude), the FLARE engage signal (45-foot radar
altitude) and the throttle retard signal (30-foot radar altitude). The AWLS
LAND ARM and FLARE progress lights illuminate as a result of the first two.
The flare engage signal is also used for AWLS mode switching. The throttle

. retard signal is sent to the ATS to initiate automatic retarding of the throttles.

The flare computer has BITE capabilities which enable automatic testing and
AWLS monitoring, Testing is performed during the AWLS enroute and preland
test. If a flare fault occurs during test or during AWLS approach, the FLARE
fault light illuminates. If the land arm circuits fail, the LAND ARM fault light
flluminates.

Romtion(Go-A.round &GA)

The R/GA system (Chapter 6) is a subsystem of the AWLS, It provides optimum
commands (angle-of-attack) for arresting the descent and making the climb-out
in case of an approach abort. It also provides optimum pitch rotation angle for
use duripg take-off and optimum pitch commands for making the climb~out 1ift-
off. In the R/GA mode, these cammands are displayed to both pilots simulta-
neously on their ADI pitch steering bars.

Either pilot selects the rotation or go-around mode by pressing the GO-AROUND
select button on his outer wheel grip. Pressing either button a second time
removes the R/GA mode,

BITE is implemented in the R/GA system to provide continuous seli-test and
for testing its monitors during the AWILS earoute test. I 2 sysiem faiiurz cocurs,
the following things hapgpen:

o The R/GA fault light illuminates.

o The Instantaneous Vertical Velocity (IVV) to th2
Vertical Velocity Indicator {VVI) is replaced w:ilk
vertical velocity from the central air data computers.

o The VER NAV system is renderz=d inoperative.

Test Prog-ammer and Logic Computer (TPLC)

The TPLC (Chapter 10) is a subcomponent of the AWLS. It interconnects all
AWLS equipment and performs various functions for AWLS and non-AWLS
operation. Four major functions are performed by the TPLC:

1. Gvro Attitude Intermediate Signal Selection - The TPLC receives roll and
pitch from three vertical gyros. These attitude signals are processed through

1-12 VoL, X



six Intermediate Signal Selector (ISS) circuits. The middle amplitude signals
are selected by each ISS and distributed to all using equipment except the ADI's.
Roll and pitch attitude for the attitude display (artificial horizon) on the ADI

No. 1 md No. 2 is supplied directly from gyro No. 1 and No. 2 respectively.
Bank versine is also supplied directly from gyro No. 3 to the A/P elevator
computer.,

2, Mmitdg‘ - The TPLC performs analog signal and binary signal monitoring
of all eritical AWLS functions as well as some non-AWLS functions.

Analog signal momtormg includes monitoring of the following:

ISS Inputs and Outputs
Five Accelerometers .
Two ADI Roll and Pitch Attitude Displays
TPLC Power Suppiies

© 0o o o

Binary signal monitoring functions include monitoring of validities from AWLS
equipment, as follows:

o A/P System

o A/P Coupler (includes localizer, glide slope, and
radar altitude validities)

o Flare System
¢ Radar Altimeter

2 DLC (werning, switching, tesi, and monitor lzcctions

I a fajiure is detected during the AWLS approach, or during A°WLS test, ths
TPLC causes the associated failure lights to lllgzn"x.x.e ADI steeriag cointers
7 ze rulled out of view, A/P axes (roll cor pitch) to be disenzaged as appronrinte,

g AFWLS mmis foult indicators on the “ron: 2: th e TPLC 0 be acuvalad as
appropriate,

NOTE

The 7DS's computers and trnz ACS contzin
an]’-monitarzng. Illumination of their
fatlure Ztghta i8 not a funation of
TPLC monitoring.
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3. Programmed Test - Two tests are programmed by the TPLC: the manually
initiated enroute test and the automatically initiated preland test. During these
tests, the TPLC performs the test on some equipment and commands other
equipment to test itself, In either case, the TPLC monitors the test results
and causes failure lights to {lluminate if failures are detected.

To initiate the enroute test, the AWLS arm switch on the A/P control panel must
be placed to the *AWLS" position. At test initiation, which is started when the
AWLS TEST/RESET button is pressed, the following action occurs:

o The A/P disengages (if it was engaged).

o The AWLS TEST (test in progress) light and
both FDS TEST (test in progress) lights illuminate,

NOTE

PDS test is also initiated with the
AWLS TEST/RESE.’I’ button. (The FDS
‘ test is deseribed fully in Chapter
- ? of this manual.)

]

o Al fault lights except the THROT, FLT. DIR. 1
and FLT, DIR 2 fault lights illuminate (flashing)
and go out after 2 seconds.

o Both caution lights (AUTO and MANUAL) illuminate
and then go out after 2 seconds.

0 ‘The LOC and G/S progress lights illumicate and
remain on for the duration of the test.

After two seconds, the preland test is then rum as part of the enroute test
program. Atcompletion of the preland test the APPR ARM progress light
illuminates and remains on for the rest of the test.

The test program then runs 14 additional test steps to check the functional
ability of all AWLS equipment and to check all AWLS monitoring circuits.
During the test steps, various fault lights are turned on and off (either
individually or in groups). Some come on more than once. The remaining
progress lights also come on and remain on for the rest of the test. .

At test campletion, the AWT..S TEST (test in progress) light goes out. If the test
is satisfactorily completed, the following results are obtained:

o ‘The AWLS TEST/RESET button light illuminates,
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o All progress lights are iHuminated.
o All fault lights are out.

If the test is not satisfactorily completed, the folloWing results are obtained:

o The AWLS TEST/RESET button is not illuminated,
o All progress lights may not illuminate.

o Various fault lights with the associated caution
- light is illuminated, depending on type of failure.

In either case, the test results should be acknowledged by pressing the TEST/
RESET button again, This action takes the AWLS out of the test mode. . All
illuminated lights then go out, and the FDS reverts to its original mode of
operation. The A/P may now be re-engaged. .

Satisfactory completion of the earoute test verifies the operational integrity of
the following AWLS equipment:

o A/P o FLARE.
o FDS's o R/GA
o TPLC ' o AWLS Master Caution System

4. Autematic Disengage - Disengagement of the A/P, ATS, and AWLS is
provided when R/GA is selected. A/P disengagement also occurs when the
AWLS enroute test is initiated.

AWLS Master Caution Svstem

Tihe AWIS master cauticn system is 2 subsystem of the AWLS which receives
fajlure signals from the TPLC, FDS's, and ATS. A failure signal causes a
fault light to flash and the appropriate caution light to illuminate.

Two flasher circuits are used, one each for the manual and auvto fauit lights.
If either flasher fails, a fail-safe circuit bypasses the flasher to illuminate the
fault lights in response to AWLS failure signals.

All lights on the AWLS progress display panels, fault identification panel, and
test panel are tested with the AWLS caution lights test switch, as shown in
Figure 1-8. It is a three-position switch spring-loaded to the center off
position. "TEST" and "FAIL SAFE TEST" are the two momentary positions.
When held in the "TEST" position, all lights come on. The fault lights are
flashing. Those associated with manual AWLS monitoring and those associated
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with auto AWLS monitoring most probably

therefore will not flash together. The TEST

reset function is checked by pressing the

MANUAL and AUTO caution lights. As :

each is pressed, it goes out and the

associated fault lights burn steadily.

The FAIL SAFE TEST results are the FAIL SAFE TEST
same except the fanlt lights do not ANNUNCIATOR AND
flash, : .

Low-Range Radar Altimeter

The low-range radar altimeter (Chapter CAUTION LIGHT TEST
2) is an associated system of the AWLS. . =

AWLS approach, The system provides AND ,CAUTION LIG

a display of absolute altitudes between TEST PANEL

minus 1.5 and 2500 feet on the radar
altitude indicator located on the left side of the center instrument panel. Altitude
is displayed by the altitude pointer and the altitude turns counter.

All system controls, which are on the indicator, follow:

o ON-OFF/TEST Knob
o Altitude Set Knob

 When the system is turned OFF and system power is applied, the irdicator
d=ives to 2500 feet and a mask comes into view which covers the altitude ¢ splay.
Any time system power is removed, the mask goes out cf view.

Jor all altitudes akove 2500 feet, the altitude display (pointer) i$ covered by the
mask., On the ground with normal compression of the landing gear struts, the
in<icator reads approximately minus 1.5 feet. With struts fully extended as an
initial landing touchdown, the indicator reads approximately zero faet. The
indicator provides 2 minimum radar altitude warning signal to the MDA lights on

the flight progress display panel when the aircraft goes below a desired
micimum altitude.

Radar ailtitude is supplied for display on the radar eltitude pointer of both flight
director ADI's. Tae range of this display is zero to 200 feet. Radar altitude
is also sent to the flare camputer and A/P coupler. The minimum radar altitude

warning signal, in addition to turning on the MDA light, is sent to the VER NAV
system.
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BITE is implemented in the system to provide monitoring and manually initiated
system test. A striped fail flag appears over the altitude turns counter, and the
ADI altitude pointers deflect out of view if the system fails, is turned OFF, or
is in self-test. The RDR ALT fault light on the AWLS fault identification panel
also illuminates if a system failure occurs during the AWLS approach after
APPR ARM progress.

The radar altimeter is not tested during the AWLS test.

Automatic Throttle System (ATS)

The ATS (Chapter 4) is an associated system of the AWLS, It provides
automatic throttle control for maintaining a desired indicated airspeed during
the AWLS approach or during normal cruise, and to retard the throttles during
AWLS flare. The IAS present at ATS engage is maintained. All four throttles
are controlled together by one ATS servo motor. Slip clutches are provided
for each throttle to permit manual adjustment by the pilots for power trimming.
Also, the pilets can manually override all four throttles simultaneously with
the ATS engaged if the need should arise.

Maximum thxottle limits are provided to prevent the ATS from exceeding engine
parameters. Minimum throttle limits are provided to prevent throttle travel to
the idle position. Two throttles must reach the limits before further travel in
that directiom is prohibited. Dur:ng throttle retard during flare, the minimum
limits are bypassed, which allows the throttles to be retarded to idle, When
two throttles reach idle, the ATS disengages.

BITE is implemented in the ATS to provide monitoring and maintenance testing,
If a failure eccurs, the system automatically disengages. This action causes
the throttle £ault light to illuminate, The ARM switch is then turned off and the
light gces out. ’

Test switches and lights are located on the front of the ATS computer for
performing system fault isolation test procedures. The ATS is not tested
cduring the LA WLS test.

Vertical Navigation (VER NAV) Svstem

The VER NAYV system (Chapter 3) is an associated system of the AWLS. Its
control panel is located at the navigator's station. The VER NAV system
provides vertica! guidance for descending or ascending from one altitude to
another. VER NAV information is displayed on both flight director ADI's for
manually flying the VER NAV path and is furnished to the A/P for automatically
flying the VER NAYV path.

Two stages of operation are provided and controlled with the STANDBY/STAGE 1/
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STAGE 2 selector switch. Various manual inputs must be set in on the VER
v NAYV control panel to obtain proper operation.

Manual inputs follows:.

o STAGE 1 and STAGE 2 aimpoint altitudes
o STAGE 1 and STAGE 2 VER NAV angles

STAGE 2 offset (moves ASN-35 or ASN-24
destination point in a straight line toward the
aircraft)

0 Barometric correction (used witl; both stages)

Distance-to-go is supplied from the ASN-35 or the ASN-24, Selection of one or
the other is made with the AUX/ASN-35/ASN-24 switch on the control panel.
The "AUX" position is not used.

A VER NAV ANGLE indicator on the control panel displays the actual angle from
the aircraft to the aimpoint, During operation (STAGE 1 or STAGE 2), the
system provides VER NAYV displacement signals and VER NAV pitch steering
commands., Both FDS's are automatically switched to the VER NAV mode when
STAGE 1 or STAGE 2 is selected. '

L/ The A/P must be manually switched to the VER NAV mode if automatic cortrol
of the VER NAYV flight is desired.

If the problem is properly set up, the VER NAV svstem is initially in the VIR
NAV arm submode. As the aircrait progresses along the VER NAV path as
ghowrp in Figure 1-2, submecde switching cccurs in sequence as foilows:

Arm

Capture

Track

Altitude hold capture/track

©C © o o

The VER NAV displacement signals are displayed on the ADI's displacement
pointers during all four submodes. The VER NAYV pitch steering commazads
are displayed on the ADI's pilch steering bars and sent to the A/P durm._, the
capture, track, and altitude hold capture/track submodes.

BITE is implemented in the VER NAV system to provide monitoring and manually

initiated system test. The control panel fajl light comes on if the VER NAV
system fails, the R/GA fails, ASN-35 is selected and is not in the DROP mode,
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or if the system is in self-test. The BITE also provides system maintenance
testing. A test meter, test switches, and a FAIL light are located on the front
of the camputer for performing system fault isolation test procedures.

The VER NAYV system is not tested during the AWLS test.
Total AWLS Oreration

During an approach. the AWLS can be operated in two general modes: manual
and/or automatic. In the manual mode, the AWLS provides visual guidance to
both pilots through FDS ADI displays for manual control of the aircraft. In the
automatic mode, the AWLS provides guidance commands to the autopilot for
automatic control of the aircraft. In the automatic mode, visual AWLS ‘guidance
continues to be displayed to the pilot. Visual guidance is also displayed to the
copilot until APPR ARM occcurs (about 30 seconds after G/S intercept); then
autopilot roll and pitch commands are displayed for the rest of the automatic
AWLS approach. There is no manual/automatic mode selection switch as such.
If mannal control is desired, only the FDS's are set up for making the approach.
If autamatic contral is desired, the A/P is also engaged and set up for making
the approach.

Total AWLS oreration is presented in the order in which events would occur
during a normal flizat from cruise altitude to landing including a vertical
navigation let-down.

The AWLS enroute test would be performed while at cruise altitude with the
aircraft flying essentially straight and level. The A/P and FLS's should be
operating in their noxxxzal cruise modes and the radar altimeter must ke turned
on. The AWLS iz armed witk tke switch on the A/P control panei. The AWLS
TEST/RIESET buiton :5 pressad 1o start the test. [The TPLC section contains
¢ Zesoripden of Wam earouie tast.) Al compieticn of the test, tha AWLS arm
switch is piaced in the ceatex "OFF" position. The A/F can be re-eagaged, if
desired.

The VER Na7 sysiem lel-oeWwn may now tegis using ong or both stages {tota
are normally used for lei-cown from high altitudes). Tkre navigator may have
alresady set up the VEZR NAV problem (or problexs); if not, ke may do so at
t3is time. He will use tne ASN-2+ or ASN-35 destination as the termination of
aimpoint 1 and set in the proper terminal altitude and descent angle. The
appropriate barcmetric setting (enroute or destination) should be obtained and
set in. Now tiz stage switch should be moved from "STANDBY" to "STAGE 1."
The VER NAV system is now in the arm sukmode and the VER NAV mode lights
on both pilots navigation selector panels illuminate. Both ADI's displacement
pointers begin displaying VER NAV deviation and continue to display VER NAV
deviation for the duration of the STAGE 1 problem. The A/P VER NAV mode
may also be engaged. If the altitude hold or the mach hold mode is engaged, it
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remains engaged during the VER NAV arm mode. VER NAV pitch steering
signals are not sent to either the A/P or FDS's until VER NAV capture occurs.

As the VER NAV path is approached, the VER NAV system switches to the
capture mode far enough in advance of actual intercept to allow a comfortable
nose over without overshooting. VER NAV pitch steering commands are now
sent to the A/P and FDS's and continue to be sent for the rest of the STAGE 1
problem., The ADI's pitch steering bars come into view at this time to provide
VER NAV flight path guidance. The autopilot ALT HOLD or MACH HOLD mode,
if engaged, automatically disengages, and the A/P provides automatic pitch
steering for flying the VER NAV path,

As the aimpoint altitude is approached, the VER NAV switches to the altitude
hold capture mode far enough in advance of actual altitude intercept to allow
smooth termination of the descent. Subsequent tracking of the aimpoint altitude
is provided until commanded to do otherwise, e. g. switching to STAGE 2 or
turning VER NAV to standby. '

In response to the VER NAYV pitch steering commands, the aircrafi captures
and tracks the selected VER NAV path and aimpoint altitude if either the FDS,
for manual control, or the A/P for automatic control, are used.

The navigator may now program the second VER NAYV stage if he has not already
done so, including an offset distance if desired. A fix or course change could

be made at this time. When STAGE 2 is selected, the second VER NAV path
would be flecwn in the same marner as the first, The aimpoint would prokably

be in the terminal area (within 20 miles of the runway) with an aimpoint altitude
of 1500 to 2500 feet.

AWLS Oreraticn

ke aircrail siiouid now Le ia the termainal area ard the crew would prepare for
the AWLS agproach, as shown in Figure 1-10., Both VHF navization receivers
would be tuned to the saxe ILS frequency, and both VOR/ILS buticas on the
wovigation seloctor panels would Be prezsed. This action establishias ESI No. 2
2eacing and course set slaving, Tke pilot would set in the localizer beam
intercept heading and tke inbound runway course on kis HSL The copilot's HSI
would be slaved to the pilot's settings. The pilot would select ""G/S'" on the A/P
control panel which illuminates the G/S ARM! light on the A/P servo effort
indicator parel.

Jorz

Assume that the radar altimeter
18 turned on, and arm the AWLS.
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LOC Engage ~ The aircraft progresses from localizer intercept heading through
localizer capture to the point cf localizer beam intercept at which time the LOC
progress light illuminates. Tracking of the localizer continues from this point
on. The ATS system may be engaged for controlling the approach speed.

G/S Engage - At glide slope intercept, the G/S progress light illuminates, the
A_/,P G/S ARM light goes out, the A/P begins tracking the glide slope beam, the
AWLS preland test is automatically initiated, and the ADI's pitch steering bars
come into view to display pitch steering.

APPR ARM -~ Upon completion of the preland test, the APPR ARM progress
light illuminates, which indicates that full AWLS monitoring and warning is
then in operation. The copilot's FDS ADI begins displaying A/P roll and pitch
commands for monitoring purposes.

. LAND ARM -~ At 100-foot radar altitude, the LAND ARM light illuminates.
This altitude is the AWLS approach minimum decision altitude. If visual
comfact with the runway is established, the approach is continued. (If visual
comact is not established, an abort would be initiated when the control wheel
go-around button is pressed. )

FLARE - At approximately 45-foot radar altitude, the FLARE progress light
illmninates, which indicates that the flare mode is engaged. The control

column moves aft to provide up elevator control. The pilot's ADI pitch steering
bar displays the flare steering commands while the copilct's ADI pitch steering
bar continues to display the A/P pitch commands which are now flare maneuvering
commands.

At approximately 30-foot altitude, the throttles begin to retard to the idle
positicn at which time the ATS automatically disengages. At about 1:2 feet, the
pilet should manualiy decrab the aircrait, a5 necessary. The touchdown ocours
at ahout 750 feet beyond the glide slope transmitter with a smk rate of ‘abo‘l:lt

150 feet-per-minute. As socn as contact is established, the pilot must tase

corirol of the aircraz scr the roll-out.

The above approach procedure utilizes the A/P for an automatic controlled
AWLS approach. If the A/P is not used, the aircraft would be controll:ed
manually in response to roll and pitch commands displayed on the ADI's. All

other functions would be the same.
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The radar altimeter, which is interconnected with the All Weather Landing
System, is shown in Figure 2-1. The altimeter is a low-level altitude
tracking and indicating radar. It instantaneously senses absolute altitude
above the terrain within the range of -10 to 2500 feet. Radar altimeter
operations are not affected by atmospheric or barometric conditions.
Figure 2-2 shows the relationship between radar and barometric altitude

Cf- barcmezric altd

2-1
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indications,
SYSTEM OPERATION

All controls necessary for

operating the altimeter are
locdted on the indicator as

ghown in Figure 2-3.

When the ON-OFF switch
is placed in "OFF," the fail
flag appears, and the
indicator pointer (H) drives to
2500 feet where a mask
appears and covers the pointer.
The system is-deactivated only
after the mask has appeared.
The ON~OFF switch is also
used to self-test the altimeter
by pressing on the knob. The
indicator shows a 40-foot
altitude in self-test.

The ALT-SET knob {T) is used
<o mreset a Minimwmn Decision
Altitude (MDA). When the ajr-
crafl descends belew the preset
cltitude, an MDa sigmai iz

praduced and sent to tae pilci's

located or the cuter Peripaery
Siil2 ol gzale, san ba 4ot s
& 8.dNCe cetween zers ans
2500 feet with the ALT-SET
ek, The ALT-327 urns
counter ( G) is used in
cozjunction with the index
cursor to indicate the altitude
aiwhich the MDA is set, Tha
turns counter consists of a
disk segment carrying digits 2
and 1 and a blank. When the
index cursor is set below

o
!
L2

FIGURE 2-3,
RADAR ALTIMETER INDICATOR



1000 feet, the turns counter shows the blank, No. 1 is in view when the index
cursor is set between 1000 and 2000 feet. No. 2 is shown when the index cursor
is set above 2000 feet.

A flag alarm provides an indication of altimeter failure. It is also displayed
during self-test operation. The mask @ on the indicator is spring-loaded to the
out-of-view position. It is held in view to obscure the pointer and altitude
window when the system has been turned off and primary power is still available,
" or when the altimeter is operating ahove 2500 feet, The mask is removed from
view and the flag alarm is in view when the system is in self-test operation.

The indicator displays absolute altitude by using a servo-driven pointer and a
turns counter. The pointer indicates in hundreds of feet and the turns

counter indicates in thousands of feet. The scale of the indicator is graduated
in 20-foot increments.

SPECIFICATIONS
(Minneapolis Honeywell HG9025B-1)

waer Requirements 115 volts, ac, 400 hertz, single-
phase
Altitude Range -10 to 2500 feet
Altitude Accuracy 2 feet or = 2 percent of altitude
Traasmitter i

Carrier Frequency 4300 megahertz |
Peak Qutpur Power ' 100 watts i
Pulse Width

Zero to 300 feet 25 nanoseconds = 10

500 to 2500 feet | 125 nanoseconds % 25
Pulse Repetition Frequency 10, 000 pulses/second

Continued
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SPECIFICATIONS (Continued)

_———
Reéeiver
13_ecéiver f‘requency 4300 megahertz
Local Oscillator Frequency 4300 megahertz
Zero to 500 feet | 30 megahertz
§00 to 2500 feei; 10 megahertz
Track Rate (maximum) | 2000 feet/second
Indicator
Track Rate (maximum) 600 feet/second -

THEORY OF OPERATION

The low-range radar altimeter is a high-resolution pulse radar operating at
4300 megahertz, Its purpose is to automatically locate the closest terrain
returns. It also has the ability to precisely track the rate of altitude change
(terrain irregularities or changes in actual aircraft altitude above ground), A
bleck diagram of the system is shown in Figure 2-4,

Operaticn of the radar altimeter is based on the precise measurement of the
time required for an rf energy pulse to trave! from the aircraft to the nearest
ground and to retura.  Arrival time cf the recaived pulse {s compared with the
transmittal time. The time differential is processed in the tracking circuits to
provide range (altitude) izformation. The Receiver-Transmitter (RT) unit is
the main component of the system. All electronic circuits are contained in this
unit with the exception of the indicatar servo system.

The RT unit is divided into three sections:

o Transmitter
o Receiver
o Tracker
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Transmitter

The transmitter section, as shown in Figure 2-5 consists of a tranamitter
osoillator and a modulator (PRF generator). The modulator is a free-running .
multivibrator operating at 10 kilchertz., Each pulse from the mc-ulator triggers
the transmitter oscillator which emits a short rf pulse with a carrier frequency
of 4300 megahertz, The rf pulse is sent to the transmitter antenna, A portion
of the transmitted pulse is detected and fed to the tracking section to start the
timi.ng circuits, This signal is called the "time reference" (T,) pulse.

recefving
antenna

1 f ‘ ' gain control
mixer I amplifier || r‘ﬁ circuits
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FIGURE 2-5. RADAR ALTIMETER -- SIMPLIFIED BLOCK DIAGRAM
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Receiver

When the rf pulse emitted by the transmitter antenna reaches the ground, it is
partially reflected back to the aircraft where it is picked up by the receiving
antenna and applied to the receiver. The receiver section, shown in Figure 2-5,
. consists of a balanced mixer, a local oscillator, and an i-f amplifier circuit.
The type of receiver used in the altimeter is a "zero i-f" superhetrodyne
receiver. In this type system, the receiver's local oscillator is operated at
approximately the same frequency as the transmitter. Both the transmitter and
the local oscillator are of the same basic design and use planar triodes. They
inherently have identical frequency tracking characteristics and require no
Automatic Frequency Control (AFC) circuit. The local oscillator signal is
mixed with the received rf signal (echo pulse) in the balanced mixer. The out-
put is bipolar (ac) pulses similar to video. The i-f amplifier is then, for all
practical purposes, a video amplifier, The bipolar pulses are amplified and
detected to a unipolar (single direction or dc) ptlse. The detected video pulses
are then sent to the tracking circuits where they are used to measure altitude.

Tracker

The function of the tracker is to produce a current equal to a reference by over-
lapping edges of the transmitted pulse and the echo pulse. The tracker consists
of a video amplifier, tracking circuits, Automatic Gain Control (AGC) circuits,
and logic circuits. The tracking circuit is a2 "leading edg=" tracker. The circuit
is designed so that the current {lg) is proporticnal to the overiap of the edges i
the tracking gate and the return as shown in Figure 2-8. Further, the circuit is
designed to sense this current ord use it to position the tracling gate on the
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leading edge of the ground return pulse as it moves back and forth with changes
in altitude. Thus, it is the function of the tracking loop to move the track gate
at whatever rate necessary to keep it in coincidence with the leading edge of the
ground retumn pulse, The elapsed time (T;) from the transmission of a pulse
until it returns from the ground is thus measured and presented as an analog
voltage (Eg). A radar range measurement is sent to the indicator to drive the
altitude pointer.

Modes of Operation

The altimeter has four different modes of operation:

Tracking Mode

Search Mode

Caemfidence Check Mode (self-test)
Failure Monitor Mode

o O o o

The different modes of operation pertain mainly to thé tracker circuits.

Tracking Mode - When the altimeter is operating in the tracking mode, its output
represents the actnal distance downward to the nearest object as a function of
time. Figure 2-7 shows the circuits that are operational in the tracking mode.
As stated earlier, each time the transmitter is triggered by the modulator, a
time reference pulse (Tg) is applied to the Tg amplifier. The T pulse triggers
a sawtocth generatcr which supplies a calibrated linear voltage ramp., The
instantaneous voltage of this precision ramp is directly proportional to the
elapsed time since T,. The sawtooth voltage is fed to a voltage comparator
circuit where it is zompared to the internal range voltage (Er).

At the instan: of tfme wher the sawtcoth voitage equals E;, the comparater
applies a short pulse to the gate generator circuit. At this time, the tracking
gate is generated by the tracking gate generater circuit,

When the rf pulse emitted by the transmitier at Ty recches the ground, it is
partially reflected back to the receiving antenna. T.e antenna feeds the echo
pulse into the receiver where it is amplified, detected, and presented to the
Track Gate Amplifier (TGA) as a video signal,

The TGA functions as an "and" gate. The time coincidence between the video
signal and the tracking gate allows the video signal to pass as a current pulse
to the rate intergrator, Since Ep determines the sawtooth level at the time of
comparison, and since the time position of the video signal is a direct function
of the distance to the ground, coincidence occurs when ths sawtooth reaches

2-8 Co- VOL. IX
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FIGURZ 2-7, TRACK MOBE — SIMPLIFIZD 2LOCY DIAGRAM

the coincidence voltage (E) level, as shown in Figure 2-8,

Coircidence of the video and tracking gate at the TGA means that £y is
proportional to range. It is important to note that since this is a ""leading-edge"
tracker, E, represents the shortest range to ground. The TGA preduces 2
cur_ent into the rate integrator proportional to the overlapped area of the video
pulse and gate. A reference input equal to the average overlap current holds
the gate positioned on the leading edge of the video pulse. The leading edge is
composed of the earliest ground return.
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FIGURE 2-8, TRACKING GATE GENERATICN

Sacsch Viods - [ the return signal fails below a minimum level required ic

maintain the track point current to the rate integrator, the video pulse arnd the
tracking gate separate and the the tracker "loses track." Tracking can only be
r2-established when the ¢racking gate overlaps acceptable video. Trerefore, i

i3 nacessary to provide a means to estabilish this coadition, which is the purpose
of the search mode. The tracking gate is caused to '"sweep" from minimum to
maximum range until it intercepts a video signal. If the video signal is acceptatle,
the tracking gate locks on it; thus tracking is re-established.

The simplified block diagram, Figure 2-9, shows the circuits that are operational
in the search mode.

The following additional blocks are used in this mode of operation:

o Tracking AGC (TAGC) Gate Amplifier

2-10 : . VoL, IX
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o TAGC Integrator
0 0.2-Secord Hold Circuit

o Search Generator

The-TAGC gate amplifier is similar to the tracking gate amplifier. It is an
"and' gate for the video signal and the TAGC gate from the gate generator. Iis
output is proportional to the video and gate overlap. An important difference is
that the TAGC gate is about twice as wide as the tracking gate. The leading
edge of the two gates are in time coincidence. The output of the TAGC gate
amplifier is applied to the TAGC intergrator.

The TAGC integrator integrates negative pulses fram the TAGC gate amplifier.
Amplitude of the pulses is equal to the TAGC gate and the video overlap current.
- These pulses occur at the Pulse-Repetition Frequency (PRF) rate. Pulses are
integrated in the TAGC integrator to establish a threshold voltage (Eg). For
normally good video, about 20 pulses per second maintain E, at the tracking

threshold. If a loss of video occurs, the integrator maintains E, fc~ approximately
2 milliseconds (ms).

The 0.2-second hold circuit provides an additional delay time of 200 ms to the
decay time of the TAGC integrator. Together they allow a short-term loss of
video (200 ms) to pass without losing track. If a signal fade lasts for more than
200 ms, the 0.2-~-second hold trips and turns the search generator on. A signal
is also sent to the rate integrator to clamp the output to zero. Tkis action
prevents Ep from changing during the 0. 2-second hold period.

The search generator is a conirolled multivibrator governed by the 0. 2-second
bold circuit, I the 0.2-sacond bold trips, the search generator supplies input
current to the range intagrater which causes Er to sweep back anc forth frox
minimum range to maximure rarnge. Tais search cycle cortinues until it is
stopped by the 0. 2-second kold circuit. In addition, the search generator
provides cn inhibit signal to the 0. 2-seccad bold during inbound sweers. Tke
C. 2-seccad hold can cnly =:op the s2arch gazeralor ob cutbcudd sweens., o
diagram shown in Figure 2-10 clarifies the sequence of events during searca
and acquisition of the video target. The Lorizontal ntmbers at the top of the
illustration depict the following sequence of events:

o Loss of video. The current drive from the track gate amplifier to the
rate integrator vanishes, The TAGC integrator loses its drive and
discharges. The 0.2-second hold initiates its hold cycle.

o After 200 milliseconds, the search generator is activated which drives
Er to minimum altitude.
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0 The drive to the range integrator is reversed and E, starts toward
2500 feet. :

o The upper limit reverses E and inhibits the 0, 2-second hold.
" o --Repeat of search cycle,

o Reversal of E, occurs. Video is regained. The gates overlap but
because the 0.2-second hold is inhibited, lock-on does not occur.

o Ey reverses again and sweeps outward.

- o Assuming that the actual range remains constant during the loss of
video, the gates overlap again. The TAGC integrator charges which
resets the 0,2-second hold, thus stopping the search generator. The
tracking loop is now closed and the altimeter is again in the tracking
mode. The above search cycle occurs at approximately a 3-hertz
rate,

Confidence Check (CC) Mode - The CC (self-test) mode is designed and built
into the system to provide a quick-comprehensive test of system operation. The
bleck diagram in Figure 2-11 shows the circuits used in this mode of operation.
Two additional circuits used are the CC-PRF generator and the CC level set,

When the CC commard is given the transmitter is disabled, a flag alarm signal
is given, tae sawtooth level is set, and the CC-PRF generator is enabled. Tae
CC-PRF generator applies the T, pulse to the T, amplifier and a confidence
tast pulse to the mixer. The test pulse acts as a gate to open the mixer, This
acvion allows a portich of the Ioczl Cseillater (1O) energy through the i-I
cnoiicr where Il iz amplified, derocted, oxd zressated as 2 syntaetic videso

target 10 the videc ampiifier,

Tizadhling the tronsmitiar zliminates the normal video from the TCA ipput, and
e trackes zo2s ic wo2 searcimods, The sratietis video is passed o ke Date
amplifiers and the lccp searches uniil £. corresponds to the test altitude. The
tracker then acquires and tracks tke synthetic video pulse. The amplitude of
the pulse fec to the mixer is set to 2 minimun level for reliable track. Thus,
the CC mode also checks the system sensitivity.

ailure Mcnitor Mode/Built-In Test Ecuizment (BITE) - The failure monitor
mode is used to detect failures in the track aad search lcops and in the output
circuits. A simplified block diagram in Figure 2-12 shows the circuits used

in the failure mode.
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In the normal track condition, the two range output signals and the internal
range voltage (E,) are continually compared to verify the accuracy of the output
circuits. If either of these differs from the other by a voltage equivalent to 15
feet or more, a signal is sent to the alarm generator and a failure indication is
provided. The track loop monitor is activated at any time that the tracking loop
cannot maintain a reliable track condition for more than 0.2 second (time period
of the 0, 2-second hold) and above a 2500-foot indicator reading.

When the 0. 2-second hold deenergizes, the systein goes into the search mode.
The track loop monitor decreases the AGC signal to the i-f for approximately

-0.5 second. This action allows the rf leakage signal from the transmitting

antenna to the receiving antenna to pass through the i-f amplifier. If the track
loop is functional, this appears as a video signal. The track loop regains a
track condition and no failure alarm is provided. If a fault has occured in the
track loop or if the transmitter power or receiver sensitivity has reached an
umsafe level, a track condition is not obtained within the 0.5 second. During
this time, an rf leakage signal is provided and a signal is sent from the track
loop monitor to the alarm generator which provides a failure indication to the
indicator. I no failure is indicated at the end of this 0. 5-second period, the
system returns to the search mode and attempts to reacquire the ground return
for up to 4.5 seconds. In the absence of a ground return, the failure monitor
continues to gate-out the AGC signal for 0. 5 second at 5-second intervals, thus
continuously checking the tracking loop operation.

Antennas

Two identical antennas are used with the radar altimeter system. Each antenra
consists of a flared horn and a coax-to-waveguide adapter. The units are
sealed by flush, non-reflecting radomes. They have a db beamwidth of 40
degrees in the "H" plane and 50 degrees in the "E" plane. Antennz lecaticns ars
shown {2 Figure 2-1.

Indicator

The fcllowing inputs arz supplied te the izdicator, showen in TFigurs 2-138, irca:
the radio-transmitter unit:

o DC Altitude
o Flag Alarm
o Mask Drive
o Indicator Reference Voltage

The mask drive voltage is used to operate the mask when the system is turned
off or when operating above 2500 feet. The de altitude voltage is compared in
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the servo amplifier with the indicator reference voltage. The resultant de
voltage polarity determines the phase of the ac used to drive the servo motor,
As the motor drives the altitude pointer and turns counter, it also positions the
follow-up potentiometer to null the servo loop. When the servo loop is at a
null, the proper altitude reading is displayed on the indicator. The flag alarm
signal activates the indicator failure circuit. Whenever the altimeter is not
functioning properly for any reason (such as unreliable altitude signal, loss of
power, etc,), the null monitor (BITE) initiates the flag alarm.
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volume IX chapter 3

- YERTICAL NAVIGATION (VER NAV)

The Vertical Navigation (VER NAV) subsysteh is used to command a sink
or ascent rate and path deviation to arrive at a predetermined position and
altitude.

Two separate vertical flight profiles can be established by the VER NAV
computer., Each path terminates in altitude hold at the predetermined
aimpoint altitude, Two stages are set to determine the flight paths: Stage
1 may be used for ascent or descent while Stage 2 can be used for descent
only.

VER NAV command and deviation signals are transmitted to the autopilot
coupler, elevator camputer, and flight director camputers for steering
and display.

SYSTEM OPERATION

The VER NAV system is remotely controlled from the navigator's
instrument panel as shown in Figure 3-1., The VER NAV system is placed
in operation when the stage selector switch is placed in "STD3Y™ (stancby)
and either the ASN-24 or ASN-35 controls are sect for the proger airmzoint

data.
VER NAV Controi Unit Data
Aimpoint 1 Altjtude zero to 40,000 feet
Aimpoint 2 Altitude zero to 10,000 feet
Aimpoint 1 Angle 15 to -15 degrees in 0.5 degree
increments

Aimpoint 2 Angle -0.1 to -5. 0 degrees in 0,1 degree

' increments

Continued
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VER NAV Control Unit Data (Continued)

Barometric Correction
~ Distance Offset

Angle Meter

28 to 31 inches mercury
zero to 20 nautical miles

© £ 15 degrees

Setup Procedure

NAV Computer Control Settings
Stepl -
A, ASN-24 Mode

i

B. ASN-35 Mode

For a one-stage letdown, only one.
D-position need be used, but if the full
two-stage .etdown is planned, two
D-~positions should be set up in advance.
For example, the latitude and longitude or
Almpoint 1 may be set into D1, and the
latitude and longitude of Aimpoint 2 may
te set into D2, Wken D1 is selccted, the
ASN-24 calculates the distance frem the
aircrafi's present wosition se: into the
selected D position. This distance-to-go0
calculation is made cnce per second, 2=d
the signui is provicdad o ke VER AV
computer. Seiection of D2 and VER NAV
Stage 2 causes similar distance-to-go to
Aimpoint 2 to be provided.

The airdrop of 100-nautical mile mode of
the ASN-35 must be selected if the ASN-35
mode of the VER NAV computer is to be
used. In this mode, two stages are
available for separate setting of distance
to go. Only after the first stage has been
selected as an operating mode can the

Continued
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Setup Procedure (Continued)

1

|

. emme e rcieen v

Step 8

:

second ASN-35 stage be set up for the
next VER NAV stage. This VER NAV
Stage 2 leg must be set up on the ASN-35's
control panel just as before. .

Select ASN-24 or ASN-35,

Set aimpoint altitude.

Set VER NAYV angle.

Set in barometric correction.

If-Stage 2 is to be used, set in oifset
distance from touchdown point to
Aimpoint 2. )

Press self test. When this test is
campleted (assuming no malfunction
indication), the VER NAV system is now

ready for operation. (Test switch on the
computer at normai. )

Select Stage 1 or Stage 2.* This action
automatically places the flight directsr n
the VER NAV mode (pitch axiz', and ze
displacement pointer on the ALI dispiays
deviation. A VER NAV mcde light on the
navigator's selector panels 2isz llwm:inate.

Autopilot may be engaged aiter Step 8.

* Stage 1 and Stage 2 may be set up together or individually and while operating

on the other stage.
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Figure 3-2 illustrates the data flow from control to camputer.

. i e ————

Inputs

Power

Distance-To-Go

- Radar Altimeter

Rotation/Go-Around

Cutonts

.5 . H -
Altitads Deviation

J/ Command

T T A
‘ St AN

-

Malfunctior

Validity

SPECIFICATIONS

115-volt ac. 400 hertz, single phase and
28-volt de.

ASN-24: Digital Nav computer; updated
once each second: 360 degrees equals
100 nautical miles, analog of X coordinate

ASN-35: Doppler computer; updated
every 0.1 nautical mile: 36 degrees equals
10 nautical miles, analog of X coordinate.

Switch control at preset minimum altitude.
When activated, places VER NAV in
altitude hold.

Complemented altitude rate (IVV) validity,
28-volts dc.

obided 08 o
-y - ae *11ia | RN -
Scaia: 7.8 millivoliz por i

zero and 3490 feet

Aircraift above path, zero-degree phase
(siger down)

Aircrait below path, 189-cdegree phase
(steer up)

Scale: 10 millivolts per foot, altitude error

VER NAV mode light

28-volt dc valid; zero volts, non-valid

PRV RN Sy

.

i
!
_i_

YOL. X

Continued



SPECIFICATIONS (Continued)

_VER NAV Capture 28-volt dc, at 150 milliamperes
"~ initiation of maneuver to the new
vertical path from level light

Altitude Hold Capture " 28-volt dc, at 150 milliamperes
initiation of maneuver to horizontal
‘path from VER NAYV angle

VER NAV Mode Light VER NAYV provides ground for light

THEORY OF OPERATION

The VER NAV system is an electromechanical analog computer that uses ac
signals. One of the main inputs to the VER NAYV is the Distange-To-Go (DTG)
signal from an ASN-24 digital navigation computer or the ASN-35 doppler
navigation unit.

Difference in position of the navigation computer synchro and a VER NAV sezxvo
control transformer causes an error voltage to exist at the servo amplifier.

The signal is amplified and causes the servomotor to turn the control traasformer,
through a 1200:1 reduction gear, to aull. A rate generator and autotransicrmer
are also turred by the motor through a 100:1 reduction gear. A porticn of the

rate generater is fed back to the amplifier input to prevent hunting, as showrn in
Figure 3-3

Omne output of the servo system warns of a servo malfunction. The null detector
senses absence of a null at the servo summing junction and trips the VER NAV
malfunction circuit.

An output from tae DTG autotransformer is supplied to the VER NAV angle
select autotransformers for summation with corrected barometric altitude.
This signal (b) is command altitude. Barometric altitude, augmented altitude,
and aimpoint altitude voltages are summed to provide an altitude of aircraft
above aimpoint signal. This signal is applied to the VER NAV angle generator,
X tan transformers, and a demodulator. Aircraft altitude and DTG signals are
summed in the tan function autotransformers. Excitation of the tan function
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autotransformers is proportional to DTG. This excitation is multiplied by the
tangent of the VER NAV angle ( A ) in the autotransformers, and the output is
the DTG (X) times the tangent of A plus h,. The summation result is command
altitude (h,) minus aircraft altitude above aimpoint which is an error signal to

be zeroed at VER NAV capture (VC). .

The altitude error (he), which is the algebraic summation of hy and hp £ hy, is
connected, through the stage selector switch, to a buffer amplifier and
demodulator. This now demodulated signal (h,) is amplified and applied to a
scaling/summing amplifier and a sine function amplifier. The scaling/summing
amplifier output goes through contacts of the validity and altitude hold relays to
the VER NAV deviation driver. From the sine function amplifier, which
develops a non-linear voltage, the signal (he) is applied to the altitude error
amplifier along with vertical speed error (h,). This composite signal is then
applied to the VER NAV capture trip and steering command modulator circuits.
The non-linear output of the sine function amplifier adjusts the capture maneuver
signals for VER NAV capture anticipation. At high aircraft speed, capture is
made earlier than at slow speeds. -

Groundspeed from the doppler system is applied with corrective bias to the
commanded vertical speed potentiometers. Commanded vertical speed, which

is the speed (V) times the tangent of A , goes through switching to a demodulator,
The demodulated signal is mixed with an actual vertical (IVV) signal, which
produces vertical speed error. This error goes through a 30-second switched
washout filter, Thirty seconds after VER NAV capture, the washout filter
removes the average value of vertical speed error from the steering signals.
The altitude rate error signal and zltitude error signal are added in a summatioz
anplifier. Ore of the two outputs of this summation amplifier goes to VER NAV
trip logic; the other goes to VER NAV steering commanc mocdulator through the
VZR NAV capture logic relay contacts., These two signals produce 2 new error
woitzge that commands the {light dovm ke VER NAV path, The error iz still a
functicn ¢f DTG and altitude rate.

As the aircraft approaches the aimpoint, a signal compo sed of IVV (irem B/Gx)
aad ciroralt Lititade above aimpoint is swilched (nto the stzering commund

signal chai:, oy logic, e.g. ANC to provide a smooth flare o ievel Qight, Th2
IVV signzl from the R/GA computer is demodulated and applied to the commanded
vertical speed amplifier and the flare smoothing amplifier.

The summation of stage 1 or stage 2 altitude set and barometric altitude
correctica, minus aircraft altitude voltages, provides the altitude of the air-

craft above aimpoint. This signal is amplified and demodulated. One output of
the demodulator goes through AHC relay contacts to the VER NAV deviation
driver. Another output goes through a sine amplifier to the altitude rate amplifier.
The third demodulated voltage goes to clutched altitude trip logic, which operates
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when aimpoint is reached as (h,) equals aimpoint altitude. Clutched altitude,

through logic, keeps the aircraft on a horizontal flight path until commanded
otherwise, N

Another use.of the summed altitude voltage is in the VER NAV angle generator.
The summed altitude and distance-offset wiper voltages are inputs to the VER
NAY angle generator, Part of the output is fed back to the input of the generator. -

- This feedback is controlled by the 1200:1 gear system in the DTG servo system.

The X servo shaft multiplies X in the feedback path. Division of altitude is .
made in the amplifier. (Proper degenerative feedback causes a decrease through
an amplifier.) The VER NAV capture voltage (VC) i3 used to bring the horizontal
pointer on the ADI's into view through the flight director and to unlock the auto-
pilot altitude hold, VER NAYV deviation is displayed by the ADI's, and VER NAV
command signals are routed to the autopilot and flight directors for vertical
steering, When the aircraft has completed a stage 1 maneuver, command
steering is controlled by the clutched altitude voltage from the CADC until stage
2 capture. VER NAV angle voltage is used to display the aircraft's progress on
the VER NAYV path on the angle meter located on the control unit,

The followi.ﬁg relationship applies during stage 2 function:

- A = arctan h/X (zero distance offset),

where
A = VER NAV angle,
h = altftude
X = DTG

If D, is not zero,

- e fe
7i= argian A/l - D,
where
- — e 3 -
I, = disteace from 2, 0o target,

The amplifier is nulled when,
X A=h.

When Do is not zero,
x R -Do = ho

The D, input is .gromded when the D, potentiometer i3 operated to the zero
position to prevent instability. The VER NAV angle generator ac output is

Ve
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demodulated, filtered, scaled, 5.nd then sent to the angle meter on the control
unit where 0. 5 volt represents 15 degrees. The meter is grounded by AHC and
is kept grounded after capture.

. S SELF TEST (BITE)

Position 1 on the test selector switch (computer) and the stage to be tested
(control panel) are selected. Predetermined aimpoint, VER NAV angle, and
distance offset should be preset. The self-test button (control panel) is pressed
and released to begin the test. ‘

A light in the test button illuminates and the computer goes into an automatic test
sequence, The sequence checks performance of a complete sample problem and
a time history of response of the VER NAYV system to predetermined character-
istics. Any discrepancy in time of computations is sensed by BITE. This
condition initiates a "no-go" status and illuminates the fail light (control panel),
which stops the test sequence, The fail light stays "ON." If there are no
failures, the test is completed, and the test button light is extinguished.

Position 1 tests the system computation and logic switching. Positions 2 through
9 check the functions of the control panel.

A specific test is run for each stage. To completely test the two stages, a dual
run of the test sequence must be made. BITE consists of the following:

o A refercpce scurce for inputs

o Relay switchies to enter the simuloted inputs into the
proger cemputationzi chaanels

0 A ormgputational tize counter
- M P gt~
he acyal tine ol Vo,

e cem e
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volume IX chapter 4
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AUTOMATIC THROTTLE SYSTEM (ATS)

The Automatic Throttle System (ATS) is used to maintain a constant indicated
airspeed. It also provides an automatic throttle retard rate when the system
is used in an AWLS approach. The system consists of four major components:

o Computer/Amplifier
o Servomotor

o Clutch Pack

o Speed Trim Assembly

COMPONENTS

Computer/Amplifier .

" The computer/amplifier, shown in Figure 4-1, is the most complex of the

four components. It receives input and validity signals from the CADC No.

1 and 2, the TPLC, and the flare computer. It also receives feedback
signals from the ATS. An error, representing the algebraic sum of these
signals, is develcred in the computer and routed to the servomotor assembly
as a command signal.

Automatic cisengage logic in e computer/amplifier uses validity signals
that are developed by the ATS as weil as validity inputs from tke CADC's,
the TPLC, andthe Loz comrnuter.
£Ces

Y vould normaily causa2 the ATS to disengage, thereby assuring
safe contral of the niroraf, 2Ancther feature of this unit is that it has its
: BN is initinisd and menitored oy
means of switches acd lights on the iront of the computer and is used by
the grounc crew os an aid in troubleshooting.

I, during ceriairn phases of autc throtile operation, a vaiidify signal ge
i Y

.. It e e TUa@e T eseiae e - 8 v isa
DWW aom L Lo8L LA e ey, LI

Servomotor Assemblv

The servom ;tor assembly, shown in Figure 4-2, receives its input command
férom the computer/amplifier which drives the servomotor to the commanded
position. When the servomotor drives, it drives the clutch pack assembly
through a gear train and also produces a feedback signal for the computer/

amplifier,
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. ATS arm switch

switch(e.8
throtile,pi
and copilo

throttle
friction
iight

airspead
trim
assy

FIGURE 4-2. AUTOMATIC THROTTLE
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Clutch Pack Assem blx

The clutch pack assembly, also shown in Figure 4-2, receives a mechanical
input command from the servomotor. This action causes the throttles to be
repositioned by cable linkage. It also changes the setting of the fuel control
valves of the engines, thereby correcting for changes in indicated airspeed. .
The clutch pack assembly also has a position synchro which produces a feedback
signal for the computer amplifier that represents throttle position.

Speed Trim Assembly

The spéed trim assembly, also shown in Figure 4-2, allows the pﬂot to make
low-authority speed trim corrections, which provides precise control of the
aircrafi's clutched airspeed.

Cabling

The cabling diagram, Figure 4-3, shows the manner in which all these
components are connected,

SPECIFICATIONS

m

Speed Trim Authority % 5 knots
Throttle Rates
Maaual/ATS Mode 1.7 degrees/second or

3. 3 degrees/second if
airspeed error is 3 krots
or more for over 2 seccnds

; Lutopilot/ATS mod: 3. 3 degrees/second
At FLARE (30~foot altitude) _ 2.5 degrees/second = 0,7
Servomotor-to-power gearing ratio - 15:1
Power gear-to-clutch pack 100:1
Clutch pack-to-throttle control 1,821
driving ratio
Continued
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Pounds of force required

SPECIFICATIONS (Continued)

' ——

to move throttle with ATS

engaged
. One throttle lever -13 to 16 pounds
All four throttle levers 52 to 64 pounds
Lir}:it switch actuation Clutch Pack Quadrant ! Throttle Handle Position
irom rig pin position
Maximuam limit ! 52.4 degrees £ 1 62 degrees = 1 !
H
Minimum limit 3 degrees = 1 33 degrees =1 |
idle disconnect - 6.1 degrees =1 29 degrees = 1

—— e
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TIZCRT OF SPERATION
To select the ATS mcede, the piict positions e ATS ARM switeh o the "ASN"
rosition. The THROTTLE light on the fault identification panel iliwminates :o
indicste thoat thke ATS mode is armed but not engages. If the friction knob setting
is too high, the ATS FRICT lighi, mountcd near the throttle iriction =ob,
illuminates. When the friction knob is repositioned to u lower setting, the
system is in the armed position and the THROTTLE light remains illuminated.
The airplane is then flown to the desired airspeed. The ATS may then be engaged

e
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FIGURE -3, AUTOMATIC THROTTLE SYSTEM CABLING



by pressing the switch mounted in either the pilot's No. 1 throtile lever or the
copilot's No. 4 throttle lever as shown in Figure 4-4. The pulse signal from
the throttle switch causes the ratchet relay to close its switch contacts and

. energize the engage circuits in the CADC's, throttle clutch pack, speed trim
unit, and the computer/amplifier. -

..The ATS mode can be disengaged by once more pressing either the pilot's or

- copilot's throttle lever switch. This pulse signal causes the ratchet relay to

open its switch contacts to disconnect the engage circuitry. The THROTTLE

light illuminates since the ATS mode is still armed by the ATS ARM switch.

* Re-engagement of the ATS by the throttle lever switches or disengagement of
the ATS ARM switch puts the light out. The ATS mode can be directly
disengaged by positioning the ATS ARM switch to the "OFF" position without
pressing the throttle lever switch. This circuitry is designed to automatically
advance the ratchet relay to the proper position so that the next time the arming
switch is engaged, the ATS mode is armed but not engaged.

The ATS uses the airspeed hold signal from the CADC as the airspeed error
source, as shown in Figure 4-5. This signal is generated in the CADC by a
clutch~operated synchro connected to the indicated airspeed shaft. When the
synchro is declutched, a spring-loaded cam maintains the synchro at its
electrical null position, thus presenting a zero error signal to the ATS computer
prior to engagement. When the pilot engages the ATS system, a signzal is sent
to the CADC to engage the synchro clutch to the indicated airspeed shaft.
Thereafter, until disengaged, the synchro output signal is proportional to air-
craft speed changes from the clutched-in speed setting. Within the computer/
amplifier, the airspeed error signal from CADC No. 1 is always switched into
the camputer circuitry as long as a validity signal from the CADC No. 1 self-
monitoring circuit is received. Should the CADC No. 1 malfunction, the loss
of the monitoring signal automatically switches the CADC No. 2 airspeec srror
signal into the computer circuitry. Should CADC No. 2 aiso malfunction, the
loss of its monitoring signa! then automatically disengages the ATS system and
illuminates the THROTTLE light on the AWLS display panel. The THROTTLE
lizht is always illuminated when the ATS is armed but not engaged.

Airspeed error signal from the CADC is sent to the CADC demodulator in the
computer/amplifier. The demodulator is a phase-sensitive, dual-bridge circuit,
as shown in Figure 1-35.

This circuit is designed to generate a positive dc output voltage when it receives
an input that is in~phase with the reference voltage. When.the input is 1S0
degrees out-of-phase with the reference voltage, a aegative dc output is
developed.
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FIGURE 4-6, TYPICAL DUAL BRIDGE DEMODULATCR

The CADC demcdulator outpu: is sent to four places:

o A summing junction at the input of the iniegratcr.
o A summing junction at the gust filter and limiter
¢ & leac circuit,

o The input of a2 dual-rate sensicg circuit.

The speed trim signal permits the pilot to command a change in aircraft speed,
in 1-knot increments up to 5 knots of the original engaged speed without
disconnecting the ATS system. The speed trim control, as shown in Figure 4-7,
consists of a position transducer controlled by a thumb wheel which is detented
for each 1-knot increment. It is spring-loaded to automatically reset itself to
the null position when the ATS system is disengaged. This 1- to 5-knot error
signal is then added to the airspeed error signal at two summing junctions: one
at the input to the electronic integrator, and the other at the input to the gust
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filter and limiter, Speed trim is also sent to the dual-rate sensing circuit
where it is summed with airspeed error at the input of the sensing circuit.

CADC error signal is sent through a lead circuit and then applied to the summing
junction at the input of the gust filter and limiter. The purpose of this lead
circuit is to provide optimum anticipation and damping, by proper gain adjust-
ment, for smooth and rapid correction of airspeed error.

The limiter limits the signal value leaving it while the gust filter removes
higher frequency signals that would cause excessive throttle activity. This
signal is sent to a summing junction on the output of the gust filter and limiter.

Cambined airspeed error and speed trim signal, at the input summing junction
of the integrator, are applied through the now closed contacts of relay K1 (K1
energized when ATS is engaged) to the integrator to increase system accuracy
by eliminating small, long-term errors. The output of the integrator is then
summed with the output of the vertical gyro demodulator,

Pitch attitude sigm;ls are provided by the TPLC vertical gyro Intermediate
Signal Selector (ISS). It is used to achieve a lead signal to move the throttle in
anticipation of a speed change caused by a change in aircraft pitch attitude.

The summed outputs of the integrator and vertical gyro demodulator are then
sent to the summing junction at the output of the gust filter and limiter, There,
they are combined with the summed outputs of the rate generator and throttle
position demodulators as well as the output of the gust filter and limiter.

These summed outputs are then sent through the deenergized contacts of the
flare engage relay K2 (energized at radar altitnde of 45 feet) and through the
deenergized contacts of the flare relay K3 (energized at radar altitude of 30

feet) to a pre-amplifier.

The pre~-amplifier has a threshold of + 0.2 knot which reduces throttle activity
due to the effects of backlash in the system. The combined error signals are
amplified and fed tc the power amplifier which determines the direction of
servomotor rotation. This error signal is then routed to the servomotor
generator, which is mounted on the clutch pack assembly, and commands the
desired throttle movement to correct for the airspeed error.

A rate feed-back generator, in the servomotor, developes an output that is fed
to the high-low rate selector portion of the dual rate sensing circuit, When the
combined error signals of airspeed and speed trim are greater than 3 knots for
2 seconds or more, the dual rate sensing circuit causes the high-low rate
selector to switch to a higher rate. This rate is fed to the rate generator
demodulator and then to 2 summing point. In manual pilot/ATS mode, the
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normal maximum throttle rate is 1.7 degrees/second or 3. 3 degrees/second.

I autopilot/ATS mode, the normal maximum throttle rate is 3.3 degrees/
second regardless of error signal's magnitude or duration.

The output of the servomotor generator dnves a power gear at a 15:1 ratio,
and the power gear drives the clutch pack at a 100:1 ratio, This gear arrange-

. ment develops the torque to drive the throttles to the commanded position and

geneérates a throttle position feedback signal by means of a synchro. This
position signal is demodulated and summed with demodulated rate, Maximum
and minimum limit switches, as shown in Figure 4-8, mounted on the periphery
of .the clutch pack cable drums, are provided to restrict throttle activity over a
specified range of travel. These limit switches also function to lockout the air-
speed error integrator when two or more throttles reach their limits.

Grounding the integrator prevents it from going to a larger value which would
atherwise delay the throttles from moving out of their limits when commanded
by a pitching maneuver or airspeed error in the opposite direction. This

-
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switch arrangement permits the pilot to shut down a malfunctioning engine,
then to position the dead throttle lever to the maximum forward thrust position
to get it out of the way, and to continue ATS operation with three throttles even
though one lever exceeds the limit switch settings. Idle disconnect switches
are provided to automatically disconnect the ATS system when two or more
throttles are moved to the idle position.

When the ATS is used in an AWLS approach, a 28-volt, dc LAND ARM (LA)
signal is transmitted at a radar altitude of 100 feet by the TPLC. The ATS is
automatically disconmected at this time if the throttle retard validity signal,
from the flare computer, is not present. This action provides the pilot with an
early warning that the flare mode is not going to operate properly. If the flare
computer is working, then.the LA signal has no effect., At flare engage altitude
(45 feet), flare engage relay K2 energizes, which switches the input to the pre-
amplifier to the output of the rate generator demodulator only, as shown in
Figure 4-6. This action has the effect of clamping the throttles at their existing
position to prevent them from increasing as the aircraft pitches up. At
approximately 30-foot altitude, dual throttle retard signals are received. One
signal (TR1) overrides the minimum throttle limit switch logic and other
command signals and causes the throttles to drive to the idle position at a rate
of 2, 5 degrees/secend. This action is accomplished by energizing the flare
relay K3 connecting a portion of -10-volt, dc to the .input of the pre-amplifier.
The second throttle retard signal (TR2) is compared with the rate generator
output in a manner that automatically disconnects the ATS if the rate signal is
not within 2. 5 + 0.7 degrees/second with 1 second. Once the throttle retard
mode is properly imitiated, the logic is locked in to assure that the throttles
continue to drive to the idle position in the event of loss of any flare camputer
signal output.

" If conditions warrant and the pilot elects abort the approach, he 'depresses the

go-around button on his control wheel, This action produces a continuous
28-volt, dc signal which is transmitted by the TPLC and causes automatic
disengagement of the ATS by tripping the computer's internal automatic dis-
engage logic. This signal prevents re-engagement of the ATS as long as it is
present. Actuating the go-around switch on the control wheel a second time
removes the 28-volt, dc go-around signal.

When the ATS computer is functioning properly, the automatic disengage logic
circuit provides a 28-volt, dc validity signal to ATS relay No. 1. When the

logic is tripped, the validity signal is lost and the servomotor control phase
voltage is interrupted. This interrupts power to all ATS clutches and eliminates
servomotor backdriving resistance whould the clutch pack clutch fail to disengage.
The disengage logic, once tripped, remains tripped until a reset signal is applied.
The external wiring circuit produces an automatic reset signal whenever the
system is disengaged and the throttles are positioned in the forward thrust

. e . o=
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regime, If a fault which caused an automatic disconnect still exists, or the
go-around signal is still present, the reset signal is overriden, thus preventing
reset of the camputer. When the go-around signal is absent or the fault has
healed itself, re-engagement of the ATS can only be accomplished by actuation

. of the pilot's or copilot's throttle lever switches.

The ATS power supply receives 115-volt, ac input and develops all necessary
.yoltages for the system.
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volume IX chapter 5
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~ FLARE/LAND COMPUTER

The flare computer is a single, self-contained unit as shown in Figure
5-1. It provides an altitude rate error voltage to the automatic flight
control system and flight director system. This signal is used to
automatically or manually control the aircrait in the pitch axis on a flight
path that is a function of programmeéd altitude rate during a landing. It
provides pitch steering commands to the touchdown point. Absolute
altitude from a radar altimeter (Chapter 2) and vertical velocity rate from
a normal accelerometer (Chapter 11) are used in performing the flare
computation,

he

Altitude circuits trip three detectors:

o LAND ARM (LA) at 100 feet
o Flare Engage (FE) at 45 feet
o Throttle Retard (TR) at 30 feet

Validity signals go to the TPLC for validity functions. Error voltages and
switch functions are provided to properly initiate indications and related
functions during a flare maneuver. Any umsafe fault in the computer is
detected and the computer outputs are indicated as invalid. Tke ccraputer
has built-in test circuits that may be initiated by enroute, preland, or
self-test. Dual channels are continuously compared for validity.

SYSTEM OPERATION

The flare computer system is turned on through the AWLS arm relay which
is energized by the AWLS switch on the autopilot control panel. A voltage
of 115 volts, ac, through the arm relay is sent through a 1-ampere fuse to
the flare computer power supply. All dc power used by the computer is
furnished by the camputer power supply. The flare computer is connected
to other AWLS camponents as shown in Figure 5-2.

A front panel test button is used with a "no-go" light for self test. Pressing
the test button starts a programmed test of the computer. The no-go light
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goes on and in 15 seconds the "test complete® light in the test switch illuminates.
If a failure is detected, the no-go light illuminates. Releasing the test button
extinguishes the test complete light. The no-go light stays illuminated if a fault
is detected. Enroute and preland tests are initiated by the TPLC and cause
identical performance of the self test. Invalid outputs illuminate the master
caution and FLARE lights, disengage the AFCS and ATS, and bias the ADI pitch
command pointer.,

115v ac 400Hz main ° flare

avionics bus No.1 > X ,' comptffi?-‘ _
! no-go [EHEEST

Ast:" Tight s

arm &

autopilot o1t a__

panel )

= test | 3

switch £

T

fgil'li‘;?ﬂt flight auto. : radar vert vert
controll| direct.fithrottie]| TPLC altim-}| accel accel
'Lsys em {! System}| system eter No.1 fo.2
FI5URE 5-2, INTERCONNECTED SYSTEMS
SPECIFICATIONS
Tnput Voltage 1i5-volt, ac, 400 hertz avionics ac bus
No. 1
Signal Input Radar altimeter and accelerometer No. 1
and No. 2
Outputs Fail-safe designated, off-line monitored
Dual vertical velocity error (hg)
Dual Throttle Retard (TR)

Continued



SPECIFICATIONS (Continued)

Dual Flare Engage (FE)

Dual LAND ARM (LA)

Validity

Test complete

Accelerometer test voltages -

Self Test When initiated, programmed testing of
computer is accomplished by BITE

Validity he’ 2 channels compared automatically,
LA, FE, TR: Main and model outputs
compared in reference to time of trip.

THEORY OF OPERATION

The computer uses the summation of the altimeter and the accelerometer input
rates above a biased reference to form the altitude rate error signal (hg). This
error voltage is used in the automatic flight control and flight director systems
and to automatically control the throttles during the flare maneuver. The
altitude circuit has three altitude detectors, one each for the 100-foot, 45-foot,
and 30-foot levels. Normal acceleration channels limits accelerometer mis-
alignment and trim changes by a high-pass filter. The filter perfcrms as = cc
washout circuit, .

Then the aircraft descerds bYelow 200 feet, detectors indicate aircraft dezcent
through the land arm altitude, the flare engage altitude, and the thrctile retard
altitude.

Radar altimeter signal is processed through an isolation circuit to provide a
proper load to the altimeter as shown in Figure 5-3. The output, controlled by
a logic switch, inhibits altitude voltage during self test. A following limiter
amplifier functions to limit the altimeter signals to 200 feet'and below. Tke
limiter output goes to detectors of land arm altitude, flare engage altitude,
throttle retard, altitude rate filter, and summation amplifiers. These detectors
provide logic signals as the aircraft descends through each decision altitude.

VOL. IX = 5-3
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FIGURE 5-3, ACTIVE CHANNEL BLOCK DIAGRAM



Normal acceleration voltage goes in and out of a 20-second lag filter and is
summed with the radar altitude voltage

A voltage equivalent to the sink rate of the aircraft is produced in the acceleration
channel by the summing amplifier, filter, and limiter. This voltage is augmented
altitude rate (he aug).

éfxmming amplifiers at the end of the channels control the output drivers.
Driver outputs are altitude rate error one and two, which go to the automatic

" flight controls and throttle control systems.

. A parallel channel identical to the .activ'e channel is used for comparison. A

single summing amplifier output is compared with No. 1 active channel driver
output for validity of the computer channels. Level detector outputs are compared
by their trip times. A long-time difference between main and model LA, FE, or
TR causes a fault indication.

SELF TEST -- BUILT-IN TEST EQUIPMENT (BITE)

The computer circuits may be tested without external AGE equipment. A test
button-on the front panel initiates a 15-second sel.f-test'program. The program

is divided into five 3-second program steps. These steps test conditions of
maximum signal levels, null, state of deliberate faults, and normal operation.
Program steps T1 and T5 are valid; T2 and T3 are invalid. T4 is a delay period.
Flare computer outputs are valid if the logic counters read "'5." BITE does not
test two radar altitude isolation amplifiers and one buffer amplifier or differentiate
an accelerometer failure from computer failure. External AGE equipment has
provisions to test the complete flare system circuits. TPLC initiates the self-
test during enroute and preland tests.

The flare camputer BITE sequence is shown in the following table.

VOL- lx ) & 5_ 5
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Flare Computer BITE Sequence

Functions Tested

te

. from channel 2,
Remove torque signal

d) MDA, FE, TR drivers-on
e) MDA, FE, TR logic~non valid

Computation channel agreement
Amplitude detectors-no trip
Comparator safe condition \

Computation channel disagreement
No. 1 amplitude detectors-trip
No. 2 amplitude detectors-no trip

Validity and logic i

Computatlon channel disagreement
No. 1 amplitude detectors-no trip
No. 2 amplitude detectors~trip

Test Step Test Aotiwl Test Result
1 a) Inhibit both hpa a) Comparator Safe a)
signals and sub- - b) All MDA, FE, TR detectors- b)
stitute test no trip c)
signals c) All MDA, FE, TR drivers-off | d) Drivers off
b) Torque accelero- d) MDA, FE, TR logic-valid e) Validity and logic
meters
2 a) Inhibit the hpp a) Comparator failed a)
signals and test b) No. 1 MDA, FE, TR b)
signal in channel detectors-trip c)
No. 1, maintain c) No. 2 MDA, FE, TR d) Drivers on
test signal in detectors- no trip e)
channel No. 2 d) MDA, FE, TR drivers-on
b) Maintain accelero- e) MDA, FE, TR logic-non
meter torquing valid
3 a) Inhibit both hp a) Comparator failed a)
_ signals and sub- b) No. 1 MDA, FE, TR b)
; stitute test signal detectors-no trip c)
H in channel No. 1, ¢) No. 2 MDA, FE, TR d) Drivers on
Y remove test signal * detectors-trip e) Validity and logic
J
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Flare Computer BITE Sequence (Continued)

Test Step

[S————— S
4

Test Action

Tast Result

a) Inhibit both hp s
signals

b) No test signals
present

(Note-step 4 is a 3-sec.
stabilization period. )

a) IRemove both hR A
inhibits
b) System nornal

a)
b)

d)
¢)

Comparator alarm

MDA, FE, TR detectors-trip
MDA, FE, TR drivers-on
MDA, TR logic-valid

FE Logic invalid '

Comparator safe

MDA, FE, TR-concurrence
MDA, FE, TR-function of b
MDA, FE, TR logic~-function
of previous test results

Test complete signal
Go-No/Go light function of
test results

a)

b)

c)
d)

a)
b)
c)
d)

Funotions Tested

Computation channel null
agreement

Amplitude detectors
Drivers on ‘
Validity and logic

Computation channel normal
Amplitude detectors
Drivers

Validity and logic
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- ROTATION GO-AROUND (R/GA)

A Rotation Go-Around (R/GA) computer, shown in Figure 6-1, is one of the
associated components of AWLS, The R/GA system provides pitch ‘steering

~ commands to the pilot's ADI's for use during takeoff or go-around maneuvers.
In addition the R/GA computer develops a complemented altitude rate (h )
signal for display on the pilot's Vertical Velocity Indicators (VVI) and for
use by the VER NAYV system (Chapter 3).

A programi:ner in the R/GA computer develops an angle-of-attack signal
which is the proper one for takeoff or go-around maneuvers based on
aircraft configuration.

AIRCRAFT INSTALLATION
The following components are utilized in the R/GA system:

o Rotation/Go-Around Computer
o Test Programmer and Logic Computer
o Angle-of-Attack Transducer, Left and Right
o Autopilot Two-Rate Axis Gyro
¢ No. 1 Horizontal Accelerometer
¢ No. 3 Vertical Accelerometer
o CADC Nc. landz2
o Tcuchdowa Relays No. 9 and 10
o F.ght Directors No. 1 and 2 (Computer and ADI)
o Pilot and Copilot Altitude VSI
The VER NAV system utilizes complemented altitude rate (IVV) and

validity from the R/GA computer but is not directly related to the R/GA
system.




The R/GA computer and Test Programmer and Logic Computer (TPLC) are
located in the left underdeck equipment rack. The 115-volt, 400-hertz, ac,
(phases A and B) required for each system is taken from avionics ac bus No. 1.
The S-ampere circuit breakers which protect the systems are located on the
avionics circuit breaker panel.

(2%

SYSTEM OPERATION

To engage the R/GA computer, either pilot may operate a GO-AROUND switch
on his outside yoke handle. The next switch operation disengages the R/GA and
returns the pitch steering to the previously selected mode.

When the R/G mode is initiated, the ATS is disengaged, wings level is commanded

by the flight director computer, and the pitch steering is switched to the R/GA
computer output for display on the ADI pitch steering bars. The GO~-AROUND
mode light on the AWLS progress display panel 2lso illuminates at this time,

Mannal "enroute test™ of AWLS initiate a test command through the TPLC to

the R/GA computer which tests the fault detector circuit only. This test is
usually canducted at cruise altitudes. The R/GA mode must be selected or the
APPROACH ARM point of the approach reached, to test the R/GA computer.

A continuous self-test of the R/GA computer is in progress while power is
applied. 4n invalid output goes to the TPLC which, in cther than test mode,
initiates fault indications on the AWLS fault panel. A fault in R/GA mode
prevents pitch steering displays on thke ADI's, and the VVi's dispia; barometric
aldtuce in L2u ci complemented altitude rate.

SN . SPTCIFICATIONS -

Noum pyrs ==
y SULpULS: 1

Valid Complemented altitude rate (2,)
Angle-of-attack error
Validity voltage (28 volts, dc)

Invalid Barometric altiiude rate (hy)
Angle-of-attack error (inhibited by
_logic switching)
. Invalid voltage

Continued
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SPECIFICATIONS (Continued)

%_{

Test: Manual "enroute"

- . Built-in self test (BITE) while power
: is on
Inhibit: Disable bias inhibits programmed

angle-of-attack by squat relays
No. 9 and 10 contacts

AOA vane comparator inhibited unless
R/GA selected or APPROACH ARM
point reached

Pitch-up limited to 15 degrees (maximum)

Steep bank maneuver during R/GA, faults
the computer but heals toward wings
level attitude

Input (See Figure 6-2):

Angle-of-Attack Vanes 3-wire synchro: left synchro for sigral,
No, 1 and 2 right for comparison

Longitudinal Acceleration From No, 1 horizontal accelerometer:
de ouiput, 8.0 volis per g, cutput
biased for 1.0 g

»
)
N
0

i Normal acceleralicn - From No, J vertiza. accelerometer: 4o

; i output, .5 volts per g, tiased ior L0 g
: . .

; Flap Pesitien ! Signal preporiicnal to flap position frc*

: i rizht intenrd position transmitter
)

! Barometric Altitude ! Frem No. iand 2 CaDC: 232 miliiviiis-
per-thousand-feet-per-minute, in-phase
= climb, out-of-phase = dive

Pitch Recte Autopilot 2-axis rate gyro: 1C9 hertz, 200
millivolts-per-degree-per-second, in-
! phase, pitck-up, out-of-pbase, pitch-down

Pitch Angle From TPLC, ISS: 400-hertz, in-phase,
pitch-up, out-of-phase, pitch-down

Continued
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SPECIFICATIONS (Continued)

Bank Angle .} ég%, From TPLC ISS: 400 hertz, in-phase, right
gt g B bank; out-of-phase, left bank
Squat Relays No. 0 and 10 contacts used for disable bias
in angle-of-attack programmer
Approach Arm | Ground from TPLC
R/GA Mode Select 28-volt dc from TPLC

Test Cammand - 28=-volt de from TPLC

THEORY OF OPERATION
The R/ GA computer generates two outputs:

o AOA Error
o Complemented Altitude Rate

AOA error voltage is a summation cf augmented AOA and programmed AOA
voltages. This summation results in either a negative AOA error voltage
(producing a pitch-up command) or a positive AOA error voltage (producing a
pitch-down command) to tk.e pilot's ADI pitch steering bars.

Augmented angle-of-attack is the resuit of summations of pitch rate, piich
angle, and AOA and logitudinal acceleration senscr voltages. These voltages
are a dc amalog of the sensor outputs as shown in Figure 6-3. Longitudinal
‘acceleration voltage is applied through a 1-g bias network to (A4)J5 as shown
in the illustration. Pitch angle voltage after demodulation is divided into two
channels in (A7)J5. One channel is used to washout the effect of gravity field
change on the longitudinal accelerometer. Washout depends on pitch angle
phase and amplitude. The other pitch channel is further divided into two
identical channels: One channel is the active; the other is for malfunction
monitoring. Identical channel outputs are in-phase, relative to the inputs.
Active chamel voltage goes to the summation inputs of (A5)J5S, while monitor
voltage goes to the summation inputs of (A6)JS. Active channel (A7) limits
aircraft pitch~up to 16 degrees maximum.

6-4 VOL. IX
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validity monitor

vert gyro *approach arm
inputso—» PP »
TPLC rol1(1SSI) N
itch rat
R/G Ao P roe
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select
AP rate
gyro —»
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No.1 ROTATION/
angle-of- ang]e-of—attackh_GO AROUND
attacl
xmitters) angle-of-attack COMPUTER
No.1 No.2 No.2?

norm.,accel
No.3

vertical accel

long accel

No.l

horizontal accel
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- ——

flap
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e e
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——

and llo.2
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__flap position _

_barometric alt
rate Ho.l

[P,

and NHo.2

< LY —o0115v ac(5a) fon
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0.9
air
alr
angle-of-attack | f1t dir
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‘ No. 1
angle-of-attack fFlt dir
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No.2
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complemented alt |copilot's
rate (Ivy) *VVI
validity *vert vel ind
ver nav
complemented alt computer
rate (Ivv)

FIGURE C-2. ROTATION / GO AROUND COMPUTER DATA FLOW
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Pitch rate voltage is applied to the summation input of (A2)J5 with vane No. 1
AOA. An AOA voltage is extracted for comparison with vane No. 2 AOA where

a five degree difference causes a fault condition. The input of (A2)J5 is amplified,
inverted and then demodulated. This demodulated voltage is summed with pitch
angle and modified longitudinal acceleration voltages. Summation of these
voltages generates augmented AOA voltage at the input of (A5)J5. Augmented
AOA and programmed AOA, when sunmed and amplified, is the AOA error
voltage. (oc E)

Complemented 2ltitude rate is the result of the summation of barometric altitude
rate, normal acceleration, bank angle, and pitch rate. Barometric altitude rate
and pitch rate voltages are demodulated and applied to the sunming input of
(A4)J3. Aircraft ascent or descent determines the phase of the altitude rate
voltage., Normal acceleration voltage is modified by bank angle voltage to wash-
out "g" forces produced by bank attitude and is applied to summing input of
(A4)J3. This voltage is amplified and inverted. One output of A4 is applied to
modulator (A9)J3 for the vertical velocity amplifiers and VER NAV system; the
other goes to the angle of attack programmer (A8)J5.

Complemented altitude rate (He) is applied to two identical channels in the A0A
programmer. One is active, the other is for fault monitoring. The programmer
has a preset AOA (approximately +1. 5 degreés). To prevent over-rotation,
programmed AOA is limited in the takeoff schedule by a disable bias throuzh the
squat switches. Complemented altitude rate modiiies the programmed AQCA,

and flap position further modifies the programmed AOA voltage. This modified,
programmed AOA is applied to the input summing of (A5)dJ5. Summed,
augmented, and programmed AOA is the AOA error voltage intc (A3YS. AQA
error voltage is amplified, inverted, and sent to the flight direcior ccmyuuiers
and may be switched in by the TPLC for display on the ADI's

An example of AOA error c‘*ang iz to assume the airerat is in e I Ga
maneuver with lonzitudinal acceleraticn and instaniaacous '.:_'..;-.;L PR
increasing. Since pitch-up cammazand de'aends on aircrafl speod anz altiiul:

rate, the AL and IVV voltave increasec would provide commands {or more Ditch-
up. Pitch-upn command s verresonien o oo nemuive Lo o0r oo o, .
senscr input changes te the compuier, suci &s dap zositicn, roll, iad pilol.

would also alter pitch commands.
TEST AND MONITOR

Two modes of test are used in relation to the R/GA computer: monual! AWE
test by the piiots (enroute) and an iategrated self test. The sell test tesis the
R/GA fault monitor only. Integrated self test is always functioning during the
time power is applied to the R/GA computer.

t
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The R/GA computer is monitored by either an in-line or dual-channel compara-
tor technique as shown in Figure 6-4. The in-line method is accomplished by
adding a 400-hert: modulated 47-hertz (dither) signal to the sensor inputs, The
dither signal is acted upon by the operational circuitry in the same manner as
the sensor inputs. Following this, the dither signal is removed at a point down-
stream. If the signal chain is intact and functioning properly, the level of the
dither signal is known. The dither signal, along with another signal (47 hertz)
of proper phase and amplitude are both applied to an ac monitor. The monitor
does not trip as long as the dither signal characteristics have not been altered
by the signal chain. If the dither signal has been altered by the signal chain,
the ac fault monitor applies a signal to the validity detector.

Parallel channel monitor voltages are summed and applied to the input of (A6)J5,
dc monitor., Part of the active channel voltage (AOA error) which has been
inverted is also applied to the summing input of A6, The two voltages cancel if
there is no malfunction in any of the active or monitor channels. The dc monitor
applies any fault signal to the validity director. This is shown on Figure 6-5.

A ground maintenance test of the computer may be initiated after the AWLS is
on and the R/GA mode is selected. A validity light on the R/GA computer is
illuminated at this time. Act.vating the AOA-flap positioner.(angle-of-attack)
switch located on the camputer front panel, shown an Figure 6-1 alternately

between the two positions causes the light to go out, The switch should be -

released and the light illuminates. Placing the pitch rate switch to "PITCH
RATE" has the same effect.

6-8 . _ VOL. X
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volume IX chapter 7

FLIGHT DIRECTOR SYSTEM (FDS)

The Flight Director System (FDS) provides a pictorial display of the data
required to perform instrument flight maneuvers, The flight director
receives information from various electronic navigation systems and from
AWLS components located onboard the aircraft., Selected input sigrals are
processed and displayed on two multipurpose flight director indicators.
These signals may be selected both manually by the pilot or copilot or
avfomatically by computers within the AWLS,

This system provides continuous monitoring of itself and of the subsystems

supplying data to it, Failures within the flight director or loss of reliability

signals from the feeding subsystems cause immediate warnings to the pilots.
_This monitoring enables the ¥DS to supply the pilaots with steering commands

to direct the aircraft to the minimum limits of an FAA-approved, Category

I landing. For a Category II landing, the aircraft must have broken

through any overcast by 100 feet altitude and must have visibility ¢Z one-

quarter of 2 mile, These minimums are a significant improvement over

the previous minimims of 200-foot altitude and half-mile visibility

(Category I minimums).

The FDS indicators, Horizontal Situation Indicator (HSI) and Attitude
Director Indicator (ADI), as shown in Figure 7-1, display botk raw (zea-
computed) navization irformation and computed steering micrmarticn, walos
has been precessed by, or developed within, the flight Jirector zvs-int.

Trke HSI disnlays primarily the raw information and the ADI disgiavs
srimarily the computed steering information. Combining or :ategraiing

H 3 .~ . K] =2 A LS v : $ s et R
tha displavs of r2varal related tomes of information orevides =2 nilos
% K . . ~ e -~ H PO _— . - o= . e - s o
wilh 1omuca more miganingiul presenialicn on twWo msirimients, winco

eliminates the reed to scan numerous instruments.
AIRCRAFT INSTALLATION

Two complete and independent FDS's, designated as the No. 1 (or pilot's)
flight director and the No. 2 (or copilot's) flight director, are installed iz
the C-141A. Each system contains two display indicators: the HSI and
the ADL. The two indicators for each system are located on the corre-
sponding instrument panels. An elevator position transmitter for each



- e

system is located on an elevator quadrant beneath the pﬂot's and copilot's floor-
boards in the flight station.

-
- -,

In the left~hand underdeck avionics rack is a computer for each system. For

each system there is an attitude gyro, rate switching gyro, and rate transmitter
gyro located in the center underdeck equipment rack. A power adequacy indicator
(rate off) for each rate transmitter gyro is located on the main instrument panels
above the ADI's, A navigation selector panel is located on the glare shield above
each pair of indicators. An HSI slaving panel, located on the center pedestal,

and a test panel, located on the center instrument panel, are all common to both
flight director systems. - -~

The Circuit Breakers (C/B) for the FDS as shown in Figure 7-2 are located on
the avionics C/B panel at the navigators station and on the emergency C/B panel
aft of the pilot's side console,

-

. SYSTEM OPERATION
The system has no on-off switch, as such. Anytime aircraft power is supplied
and the system C/B's are in, the system is energized. There is a one-minute
time delay fncorporated to allow time for the gyros to came up‘to speed and
stabilize, After the time delay has elapsed, a voltage is supplied to mask the
POWER OFF flag on the ADL

In order to understand the operation of this system, it is first necessary to
become familiar with the indicators and the purpose of each of their indicating
movements,

Horizontal Situation Indicator (HSI)

The AQU-4/A HSI presents a pictorial plan view display of eircraft heading and
position with respect to a selected course. Heading and course error signais
developed in the indicator are used by the flight director computer and the auto-
pilot system. (No. 2 HSI supplies the A/P 2nd No. 2 flight director. )
Miniature Aircraft Svmkbol

A miniature aircraft symbol, fixed to the center of the instrument, represents
the actual aircraft as viewed from above. The symbol establishes a reference
for presentation of navigational information.

Lubber Line

A lubber line provides an index for accurate reading of aircraft heading.

-2 "o VOL. IX
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Compass Card

' f
The compass card is driven by signals from the No., 1 and No., 2 C-12 compass
system. When read against the lubber Iine, the campass card indicates aircrait-
heading.

-~

Bearing Pointer ' y 4

The bearing pointer indicates bearing to a radio navigation station or Track

Angle Error (TAE) depending on whether a radio mode or a computer mode is -
selected. When NAV OFF mode is selected, the bearing pointer is automatically )
positioned to the bottom of the lubber line,

Course Arrcw —

_ The course arrow is a movable pointer which is positioned manually to the
desired course by the COURSE SET knob. Selected course is read by the
position of the course arrow relative to the compass card,. When NAV OFF
mode is selected, the course arrow is slaved to aﬁi;cra.ﬂ: heading.

Course Deviation Bar -

The course deviation bar indicates deviation to the left or right of the selected =
course. Movement of the bar indicates degrees off course in VOR/TACAN, and
miles crossirack in ASN-35, ASN-24 computer modes, rela.tive to the graduated
course deviation scale,

puwovvs- T

To~From Arrow

The to-from arrow functions during Tacan or VOR modes only. The arrow
indicates whether the aircraft is flying inbound or outbound (toward, or away
frcm) on radial, ~

Deviation Bar Flaz

The deviation bar flag indicates a malfunction in the system providing course
deviation information to the indicator. The flag is masked when the input signal
is valid, :

Heading Marker
. . B
The heading marker is 2 movable marker which is manually positioned by the
HEADING SET knob to the desired aircraft heading. Once set, the heading
marker rotates with the compass card.
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Range Indicator

The range indicator provides slant range distance to a selected Tacan facility or
distance-to-go along a selected computer course, '

Range Warning Flag

The range warning flag masks the range indicator when distance information is
unreliable or when a mode other than Tacan, doppler, or navigation computer is
" selected.

Power Off Flag

The power off flag, when in view, indicates a malfunction in the compass card
circuits or in the compass system.

Course Readout
The course readout provides a digital readout of the selected course.

- Attitude Director Indicator (ADI) -

The ADI presentation is a pictorial display of aircraft attitude and computed
steering commands by means of a three-dimensional, forward-looking display.
Glide slope deviation, turn and slip information, and radar altitude are also
presented on this indicator.

Miniature Aircraft Svmbol
the actual aircraft as viewed {rom the rear. It provides a reference ?
and roll informaticn, computer steering commands, and airerafs rador cliizuge,

Attitude Snhere

The attitude sphere is positioned in the roll and pitch axis by signals from :he
attitude gyro. Displacement of the sphere indicates actuai aircra attituds
reiative to straight and level flight.

Ritch Attitude Scale
The pitch attitude scale consists of specific increments of pitch attitude. Pitch

displacement of the aireraft is determined by the position of the scale relative to
the miniature aircraft.
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Bank Attitude Scale

The bank attitude scale consists of gradﬁated marks located around the attitude
sphere. Bank attitude of the aircraft is read by comparing the position of the
band index with the fixed bank scale.

Glide Slope Displacement Pointer

The glide slope displacement pointer is driven vertically along the G/S deviation
scale by signals from the VER NAV computer or the G/S receiver. The center

of the G/S beam or the VER NAV flight path is represented by the pointer. -
Graduations on the G/S deviation scale represent specific increments of deviation
of displacement.

Bank Steering Bar '

The bank steering bar (vertical pointer) is driven laterally across the face of the
instrument by signals from the flight director computer. Movement of the bank
steering bar away from the center of the aircraft symbol represents lateral
steering commands. The pilot is directed to fly the aircraft toward the deflected
pointer to satisfy the command,. = N

Pitch Steering Bar
The pitch steering bar (horizontal pointer) is driven vertically up and down the

- face of the instrument by signals from the flight director computer. Movement

of the pointer away from the center of the aircraft symbol represents vertical
steering commands. The pilot is directed to fly the aircraft toward the deflected
pointer to satisfy the command.

Rate-of-Turn Indicator

The rate-of-turn indicator is driven against the rate-of-turn scale at the bottom
of the ADI by signals from the rate transmitter. Displacement of the pointer
fram center indicates rate-of-turr in degrees-per-minute or in minutes cer
360-degree turn. -

-

Slip Indicator i

The slip indicator consists of a weighted ball contained in a liquid-filled trans-
parent tube, An uncoordinated turn is indicated by lateral displacement of the
ball.

Pitch Trim Knob

The piﬁch trim knob provides a means of adjusting the pitch reference (miniature
P T S

' By e
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aircraft) of the indicator to coincide with the desired flight attitude of the aircraft.

The vertical pointer flag (when in view) represents loss of validity from the
guidance system supplying information to the computer or an invalid signal from
the flight director computer or TPLC.

Displacement Pointer Flag
The displacement pointer flag indicates loss of G/S reliability.

Radar Altitude Pointer

The radar altitude pointer has a 200-foot range. At zero feet (when the aircraft
wheels touch the runway), the pointer should touch the wheels of the miniature
aircraft. This pointer is biased out of view above 200 feet and/or when altimeter
information becomes unreliable.

ADI Adjustments

ADI adjustments include four meter movement zeroing-type adjustment devices
located on the rear of the indicator. The ADI amplifier must be removed to gain
access to them. These adjustments are for the vertical steering pointer,
horizontal steering pointer, displacement pointer, and rate-of-turn pointer.
They are used to center the meter movements during power-off conditions.

ADI amplifier adjustments are provided on the side of the amplifier. These
adjustments vary an input bias to the altitude indicator amplifier and to the roll
servo amplifier to ensure proper zeroing of the altitude pointer and ADI sphere.

Enroute Guidance Systems

Certzin of the 2ircraft guidance svstems are utilized only during enroute flight
and not during landings. These are the Tacan, VOR, ASN-2:, ASN-33, ccuizass,
VER NAV, and LOC prior to glide slope intercept.

Thz basic method flicht with the FDS is Manual Heading (M H). This moede is
initiated by positioning the HDG SELECT/NAV switch to "NAV." In this mocs
the FDS commands a heading marker on the compass card. When on the desired
heading, the heading marker is beneath the lubber line and the ADI vertical
pointer is centered.

Manua! Heading Presentation (Tvpical)

In the example shown in Figure 7-3, the aircraft is heading north and the
selected heading is 060 degrees, which represents a 60-degree heading error.
The steering command to correct for this error i{s shown in position No. 1

A1)
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(ADI pointer to right). In position No. 2, a proper turn of correct magnitude to
bring the aircraft onto the desired heading has caused the ADI pointer to center.
The aircraft has rolled out on course in position No, 3, The ADI pointer and
HSI heading marker are centered on their respective indicators, After rolling
out on the desired heading, only minor corrections should be necessary to keep
the aircraft on the desired heading.

VOR/Tacan Flight

Since VOR and Tacan flight are identical with the exception of the magnitude of
radio deviation necessary to initiate capture, only VOR flight is discussed. The
VOR capture initiation point is a fixed amount of deviation (75 millivolt), while
Tacan capture point varies inversely with distance to the station (150 millivolts
at 50 miles or less, to 50 millivolts at 150 miles or more).

When initiating a VOR course, the desired course (radial) is selected with the
COURSE SET knob on the HSI. The desired heading to intercept this course is
set with the HEADING SET knob. The mode (Tacan or VOR) is then selected on
the navigation selector panel. The HDG SELECT/NAYV switch is placed in "NAV"
and the ¥DS logic switches to automatic manual heading mode. The FDS '
commands flight on the selected heading until the aircraft is within the threshold
of radio deviation required for capture. The FDS then commands a course cut
intercept of the desired radial and provides steering for an asymptotic intercept
and roll-out on the desired radial, as shown in Figure 7-4. In position No. 1
the aircraft is maintaining a heading of 350 degrees. The ADI pointer is centered
since the steering commands are satisfied. A right steering command shown in
position No. 2 is the required capture steering maneuver. In this pozition,
radio deviation has dropped to the capture threshold. Position No. 3 shows the
aircraft banking right satisfying the steering command. Rolied-out and on-
course are shown in position No. <. In this condition, the ¥DS3 is tracxing the
r2dio b2am, Cross-wind compensation is provided., Any steady sinte cowrse
errors are washed-ont and orly racic deviatica errors and course wid roll rae
signals cause course corrections. In position No. 3, the aircrait is turned into
the wing {crabbed) to maintain beam tracking. The course errer (deviation bar
Jeliacred) Sisniaved ¢noue 31 is washsu-our sines s a steadvestate oroer,
Tie ADI pointer is centered since nc errors are being supplied 9 i:, i. e. the
cireratt is on the radio beam and the course error is washed out.

VOR/TAC apprcach mode is initiated by placing the VOR/TAC APPR/NORM
switch to "APPR." This mode is a tracking mode and can be switched in only
after on-ccurse (rermeally only within 50 miles of ground station). The displayed
information is the same as in VOR/TAC mode except gains are optimized for
close low-speed tracking of the radio beam. .
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%
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asymptotic “on course" “crosswind compensation"

VOR/TAC ASN-24/ASN-35

FIGURE 7-4, VOR/TAC ASN-24/35 PRESENTATION
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Computers: NAV (ASN-24) and DOP (ASN-35)

Since navigation and doppler computer modes are basically the same, only
doppler mode will be discussed, with the differences noted.

The computer modes are similar to the VOR/TAC modes in that the computers
Simulate a radio beam, i. e. the desired flight path or track is seen by the FDS
as a radio signal. The computer mode utilizes automatic manual heading to
approach the desired track, a capture mode to intercept the desired track, and
a tracking mode to maintain the desired track. Computer crosstrack (distance
from the desired track) to the FDS appears the same as radio deviation. The
capture initiation point is a constant value (150 millivolt).

ASN-24/ASN-35/VOR/TAC Flight - As shown in Figure 7-4, the desired track is
along the 30-degree radial, However, the radial has no bearing on the desired
track, Desired track is determined only by data stored in the computers. In
position No, 1, the aircraft is flying the desired intercept heading of 350 degrees.
At position No. 2 the crosstrack has decreased to capture level, and the FDS

has commanded a course cut on the ADL. At position No. 3 the aircraft is banked
and is satisfying the command to turn onto the desired track, Position No. 4
shows the aircraft rolled-out and on course. In position No. 5, the aircrait is
crabbing in a crosswind. The difference in position No. 5 for VOR/TAC and
position No. 5 for ASN-24/ASN-35 should be noted. The deviation bar is
deflected in position No. 5 for VOR/TAC indicating a course error. However,

in position No. 5 for ASN-24/ASN-35, the bar (representing crosstrack deviation)
is centered.

o Doppler ASN-35 - The doppler ASN-35 computer mode has two additional FDS
submodes. They are paradrop and high-speed paradrop and should not be used
until after capture. These modes are used when it is desired to maintain tracking
much closer to the desired track than is possible with normal ASN-35. When
these submodes are selected, the normal scale factor of deviation (3 miies crcss-
track = 150 millivolts) is switched to a factor 10 times greater (0.3 mile cross-
track = 150 millivolts). The only difference in the two modes (paracdrop and
high-speed paradrop} is the speed of the zircraft, If the airerzft is flving faster
than 190 knots, the FDS is switched into high-speed paradrop. This action

causes gains to be reduced within the FDS so0 that ADI pointer movements are

not erratic and difficult for the pilots to follow. Below 190 knots, the FDS is a
normal paradrop mode. Paradrop is selected when the ASN-35 is tracking the
desired course by setting the NAV/X10 switch on the doppler auxiliary control
panel to "X10."

The C-141A aircraft is restricted to an airspeed of 190 knots when the flaps are
not full up. A flap position transmitter senses flap position and this signal is
used to switch the FDS to high-speed paradrop when paradrop mode is selected
and flaps are up.
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\/ FIGURE 7-5. VER NAV PRESENTATION
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VER NAV Mode

The VER NAV computer, which is completely described in Chapter 3, supplies
the FDS with signals to perform vertical navigation of the aircraft concurrently
with any lateral radio mode (except normal ASN-35 or heading select). There
are three sub-fractions in VER NAV mode: VER NAV ARMED, VER NAV
capture and track, and VER NAYV altitude hold.

When the switch on the VER NAV control panel is turned from "STBY to "STAGE
I" or "STAGE II," the VER NAV light on the navigation selector panel illuminates,
which is the armed phase of VER NAV.

The VER NAYV flight path may be thought of as a high altitude G/S since
essentially that is what the FDS sees.

In the armed state, the G/S displacement pointer displays VER NAV error or
deviation from the VER NAV flight path, The horizontal steering pointer is out
of view until initiation of VER NAV capture. At this point the horizontal pointer
comes into view and gives a fly-down command to place the aircraft on the VER
NAV path. After flying the path to the desired altitude, the VER NAV computer
commands pull-out and goes to altitude hold. These commands are fed to the
horizontal pointer and maintain the aircraft at.the altitude commanded by the
VER NAV computer until capture of the next VER NAV stage or G/S interceg:

In figure 7-5, position No, 1, the presentation during VER NAV arm is sacwa.
The displacement pointer is on scale and showing deviztion from VER NAV pata,
At position No. 2, {ly-down corimand is given io capture the path. A No. &,
the VER NAV path is being tracked, At No. 1, pull-out altitude is reached and
a command is being given to arrest the descent at the desjred altit: ‘.e At
po;xtion No. 3, the horizontzl peingar is displaving cammands $o hold the aiv-
a.ft at the commanded ajtitudo, Tun ILS Ireguensy i3 funod and VO ILE

- owman

“
:ected on the mavigation sclootor punzi, VII NUUV is swicheld (ul,

Localizer {(LOC)

-

Prior to G/3S intercept, desensitizec rocalizer devialion I the b, 2 2odiiar
is utilized by the FDS. Thirty seconds after G/S engage, the o = »oiand tea:
program should be comploted. At this po-n., the AA light on the prosress
display panel illwninates, and a2 AA signud is applizd to the FDS, This s:gnal
causes the FDS to switch from the desensitized localizer o raw iccalizer
directly from the receiver. Lucalizer mode incorperates an auiumatic nianual
heading mode, capture mcde, and tracik mode. The manual heading mode Divs
the aircraft on an intercept heading, When radio deviation decreases to
capture level, the FDS commands a course cut intercept of the localizer beam.
After capture, the FDS commands roll-out and on-course tracking. The ADI

.
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and HSI presentations are the same as VOR mode except there is no bearing
pointer or to-from information in the localizer mode.

Glide Slope (G/S)

~—ru -

The FDS utilizes only desensitized G/S deviation from the A/P coupler to compute
steering. information. Raw localizer is displayed on the G/S deviation pointer. '
The displacement flag is connected to the G/S reliability flag during G/S mode
prior to flare engage.

ILS Guidance Systems

Certain aireraft guidance and control systems are utilized only during landings.
During an AWLS approach, the following systems may be utilized: ILS system,
flare computer, R/GA, and A/P.

-

During 2 normal AWLS approach, only the ILS system and R/GA are fully active.

-n
“ves;

AWLS Approach

During a normal AWLS approach, the AFCS provides steering controi for the
aireraft, The pilot monitors his FDS indicators to assure that the aircraft is
being maintained on the proper flight path. The copilot monitors his ADI whichk
is displaying steering commands to the A/P, The horizontal steering poiater
displays A/P pitch channe! steering ccmmands and the vertical steering pointer
displays A/P lateral channel steering commands. If either A/P axis is dis-
engaged, the steering pointer begins to display whatever mode the FDS wouid
have been in if A/P had not been engaged. If the A/P is not engaged, the
copilot's presentation is the same mode as the pilot's.

The IS provides ziteh and lateral guidance $o maintain the alreoralt on ke
desired flight path fcr & Caiegorr O approack, i. ¢. iz deliver the aircraX to
1¢C-fcot altitude with cne~-guarter mile visibilily and runway in sight.

A AWLS IL3 lapding begins with the IES commanding o mazua! headiag
localizer intercert course. When radio deviation decreases to capturs level
(150 millivolts), the FDS commands a course-cut intercept of the localizer
beam, The pilot's steering commands roil the aircrait out on course and the
FDS begins tracking localizer. The FDS continues tracking localizer while
G/S deviation is steadily decreasing, and the G/S deviation pointer is movicg
steadily downward. When G/S deviation has decreased to the G/S capture
level, the horizontal steering pointer comes into view and a 1. 7-degree positive
bias is fed into the pitch channel. This action causes the horizontal steering
pointer to command a steer down attitude and G/S tracking begins. The A/P
steering commands are displayed on the copilot's ADI after AA if the A/P is
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engaged. If for some reason the A/P is not engaged, both FDS's operate in the
same mode and their presentations should be identical. The FDS's continue
tracking the localizer and G/S signals until flare engage.

The flare computer provides commands to the A/P and to both FDS's to arrest
the sink rate of the aircraft to a rate at which the aircraft is not damaged at
touchdown, which is done by commanding an exponential flare maneuver, i. e.

a nose-up attitude to provide added lift to the aircraft and to allow ballooning to
occur. This ballooning lets the aircraft settle or touchdown at a sink rate within
the structural design limits of the aircraft.

At flare engage, the FDS is switched to flare mode. The horizontal steering
pointer displays flare error, and the displacement pointer and flag are biased
out of view, Localizer error continues to be displayed on the vertical steering
pointer, Flare engage normally occurs at 45-foot radar altitude.

At 15-foot radar altitude, the pilot must manually decrab (align the aircraft with
the runway) the aircraft and touchdown.

A typical AWLS approach is illustrated in Figure 7-6. I position No. 1, the
aircraft is maintaining an intercept manual heading of 60-degrees. At position
No. 2, localizer deviation has decreased to a eapture initiation level, and the
FDS has commanded a course cut intercept. Position No, 3 shows the aircraft
properly banked to satisfy the steering command. Position No. 4 shows the
steering command satisfied and the aircraft rolled out on course. Position No.
5 shows localizer commands satisfied and a fly-down command to capture the
G/S beam. The aircraft is pitched down and tracking the G/S beam in position
No. 6. Flare engage has occurred at position No. 7, and the horizontal steering
pointer is commanding a pitch up attitude to execute the required exponential
flare maneuver. Position No. 8 shows the flare command satisfied (horizontal
pointer centered) and the aircrait in the flared attitude.

NOTE
D:ap.ace"'e':: pointe ::v'c:' Filaz are bizsel
out of view in Doaz torg No. 7 zanc 8, ¢

would be zmposs.ale to o"edzc. cutopilot
gteering commands, so the indicators shown
depiet a normal AWLS PDS dtsplag with tne
A/P engaged.

Non- AWLS Approach

During a non-AWLS approach, the visibility limits for landing are greater than
in an AWLS approach (Category I instead of Category II). Category I limits are
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200-foot altitude and one-half mile visibility. A non-AWLS approach or
conventional approach begins with a localizer intercept manual heading, When
radio deviation drops to capture initiation level (150 millivolts), capture is
accomplished, and tracking begins just as it would in an AWLS approach, There
are no localizer switching or land arm signals., The computers (FDS) utilize
desensitized localizer for the entire approach. The pilot must manually flare
and manually decrab the aircraft in a non-AWLS approach.

' Figure 7-7 illustrates a typical non-AWLS approach. The indicator displays and
aircraft positions are identical to those in Figure 7-6 except there is no flare
maneuver commanded by the FDS,

Rotation[Go-Around (BZGA) Mode

The R/GA camputer provides pitch steering commands to the flight director
computer, When the pilot makes the decision to abort the landing, the R/GA
computer provides optimum pitch steering commands to arrest the aircraft
descent and climb-out. This steering information is necessary as the aircraft
altitude could be as low as 100 feet when the abort decision is made.

In R/GA mode, the horizontal steering pointer displays angle-of-attack error,
and the vertical steering pointer displays a wings level command. The G/S
displacement pointer may be in view displaying G/S deviation.

NOTE

Selection of the R/GA mode overrides
all vertical modes and all lateral
modes excepi heading select.

When R/GA is selected, the GO-AROUND light on the progress display panel
illuminates. ADI display, modes, and navigation selector panel switch functions
would be as shown in Figure 7-8.

Self Test (ST)

During self test operation, known signa.lé are injected into the FDS signal paths,
The computer is forced into ILS mode by logic switching, When the signals have
washed out in the pitch and lateral channels, the steering pointer driver outputs
should be at null. These outputs are sensed, and, if not at null, cause the test
to fail. Any voltage failutes also cause the test to fail.

When the test button is depressed, the steering pointers initially deflect away
from center; 4 or 5 seconds later the error signals have washed out, the
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MODE FUNC.!ION NAV SEL PANEL OTHER MODE EXCITATION
1. Monvol Heading Select Heoding Hold | Select "HDG*® —} Nene
Xutomanc &u’ﬁ et "NAVY Selected Nav Made
Qunide Lot, Beom Seme
. vOR Copt Seleet “NAV, * VOR/TAC tnyide VOR Lat. Beom Sense
Track IN “NORM,” “VQR/ILS® IN ["VOX On-Coune Seme |
- 3. TACAN Copture | Select "NAV,* VORATAC tnside TACAN Lot. 3eam Senme
Trac IN "NORM,* *TAC" IN T TAGAN Un-Goune Jeme
4, VCR TAC Approach Low=tpeed/low clt. Select "NAV,® VOR/TAC IN | VOR or TACAN
Clate~in Approach CAPPR,* “VOR,* ot "TAC® IN| On-Coune Sente
R 5. ASN-4 Copture | Selecr *NAv*® NAV Crmpte “NOT® On=Coune/R,
r0c CASN-24" IN NAV Cmpte On-Coune dente
6. ASN-S (Nomel) _?39;«_"_ Select “NAV* laside NAV Cmote Secm Sente
racK "ASM-35" IN [TNAV Compir On-Coune Seate
7. PARADROP(ASN-3S) | High-Semitivity Select *NAV® ASN-15 in “DROP, * Flozs,
Low=Speed Trock SASN-13° IN NAV Cmptr On=Coune Sente
0. MIGH-SPEED MigheSemitivity Select *NAV* N-3$ in "DROP, = No Flaps
. PAPADROP { ASN-38) Migh=Speed Track "ASN=35" IN :JSAV c,,.;:, On-Covne ;.au
9. LS (LOCALIZER) Centure Select *“NAV*® \oc Freq, Inside Beom Sente
Trock *VOR/IS® IN Toc Freq, On-Goune Semie
10, 1S APPROACH Tracking of ILS Select *NAV* ILS Mode Eng
Seoms "vORALS® IN Verticol Seom Senie
13, AUTOPILOT Autopilot Command Select "NAV® A/P Engoged, AWLS
Monitar “VOR/ILS® IN Armed, "APPROACH ARM®
12. FLARE Londing Flore Select "NAY® Flore Engoge from
VORLS® IN 1PLC, AWLS Amed
13. ROTATION GO~ GorAround or fect *NAV*® | 2/G-a Mode Signal ¢ TPLL
AROUND Toxe=Off Climbout — “ROG* T TS e T
14, VERNAV |_Amedt 1 Select *HDG® or "NAV*® VEINAY Mode Siz~c. |
epture Trocn | Do Net Select ILS Loc. [TVETRAT ond VExaAy Caprare |
Alinsae I or "ASN=)S* Nomel Mode Signals
15.  NAV-OFF Artinde Relerence Select *NAV* No Mode Signals ,
*NAV-OFF" IN -
16, SELF-TEST Flight Director Select "HOG* A Self-rest Mage Signol
Setl=Tont - -
17, Avas TEST AWLS Enroute . Select “HDG* é . AWLS Enroure Test
Sprem Tesr - Mode Signal
18. AD! REP l Sisciay Cpoorie SAC) 2£7° 1N Y oNone
i ! Computer Cutoun - . . ;

NOTES:

,_‘;) May be octive in ?3'ztion. Go-Around Made

Z. ‘Ag. be active o VESNAY MODE

L Aoy beosetoee o iU 2pzeace 1 Glaesiooe ! Made

PN 0% AV Mace it e iy in 131000 1050 10 TEe

j_ All=2d PiAV Made olwar e innde Literc! Jeav Lersn

it Tow giicesiope ‘~iormchion may De ia view d.ri=3 T2:grion. Gemdraund Macwe
S‘ Conduct test in Heading Select Made 10 citure D'30¢r reserr.ng 'cuswing *eut
S. Dioloy depends on inputs ena mooe of dppoire e oirector

FIGURE 7-8, FLIGHT DIRECTOR MOLES AND DISPLAYS
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ATTITUDE DIRECTOR INOICATOR DISPLAYS

DISPLACEMENT PR,

DISPL. MIR. FLAG

oDE BANK $IRG, BAR LATERAL STRG. FLAG | MTCH STRG. BAR
. Mool Mwading Heading St Active _%A A_A A
. Heoding Strg. Active . [AYA\) &
2. Yor Copture Strg. Active Marked Moshed ég Masked & Jnagti
- N _T%'S'ng'*. ~ Active £§ Maked & Inoetive
3. TAGAN Cepture Steg. Active Magrked i% Moiked £§ i
Trc$ Sing. Active Mahed & Ingctive
4, VOR/TALC Approach - ~ - - - e = a
Trock Stry. Active A A Masked & Inoctive
S. ASN-2¢ . Ceoture St Active Morked Maked Maked & Inacti
Teack Sirg, Aclive Masked & Inoctive
8. ASN-IS (#Comal} _gmaugm__sm___%ﬁg.&__gawﬁ__mumm
rock Strg, - * Active [T Maked & Inoctive
7. PARADROIP ASN-1S) - - o = =°
’ Trock Sy, Active A A Maked & Inoctive
8. HIGH-SPEED - - e ® =
PARAGRGIP(ASN-35) | Trock Strp. Active A A Maked & Inactive
9. IS (LOCRUZER) Casture Strg. Active %__Wﬂ Acti
Trock SteD. Active ed / viation ive
10. ILS APPRTACH - - - g - -
Loe Trk Steg. Active G/3 Stearing G/3 Daviation Active
11, AUTCPILET - Co- - - - -
A/P Roll Sirg. Eev, Active AP PitchSirg. Er. | G/S Deviation Active
12, FLARE i ] - - - . . - -
Loc Troek Strg. Active Flere Strg. Maaked Masked & fnoctive
13. ROTATIGN/GO- Wings Level Cmd. Active” R/G-A Stea. A\ A
ARQUNDR tng 3rg. Aghve GeA g, PZXN PZAN
14, VEINAY _ Selectad Laterc! Active Moked | VERNAY Ermrer Maked & tnoctive
Yeack Steering - "T!—Fl—‘sn'_“ TNAV Sirg -
- - i, Moia Strg.
15. NAV-CFF - - - - -« * =
Maked Masked & Inactive Masked Maked Maked L Inoctive
18, SELF-TESH - - - . - - o o
Test Bank Cmd. Maked & Incctive Test Pitch Cmd. 1a View Centered Moked & Inoctive
7. AWLS TESY - - - - e e e
Test 3ank Cmd. Masked & Inoctive Tast Pirch Cmd. Ia View Contered © Maked & Inactive
18. ADI REP = PR
A A A A &

May be octive in Rototion/Go~Around Moge
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FIGURE 7-8, FLIGHT DIRECTOR MODES AND DISPLAYS (CONTINUED)
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pointers are centered, and the flags are out of view. The test-in-progress light
illuminates when the button is depressed. It remains illuminated until the test
is complete, At the end of 7 seconds, if the test is completed successfully, the
test~in-progress light goes out, the test complete (reset) light comes on, and no
fault lights should be illuminated. I the test is not successful, the test complete
light will not illuminate and the appropriate FDS fault light will illuminate.

Fault Light

Fault lights ideatified as FLT DIR 1 and FLT DIR 2 are the lights mentioned
above. Loss of voltage validities within the computer is the only malfunction
which turns on a fault light.

In the ADI repeat mode, it is possible to display No. 2 computer information on
No. 1 ADI, and No. 1 computer information on No, 2 ADL. The ADI REP bhuttons
on the navigation selector panels determine the switching,

NOTE
If a FDS test i8 run with ADI REP

selacted, the opposite ADI will be
exarcised. '

NAV OFF Mode

" The NAV OFF mode, initiated by depressing the NAV OFF button on the
navigation selector panei, removes navigation information from the ADL. Only
R/GA or heading select mode signals can be applied in NAV OFF mode. In this
mode, the ADI continues to supply attitude, rate-of-turn, and turn coordination
information. The bearing pointer on the HSI drives to the bottom of the lubber
Lize, The course arrow is slaved to compass heading and remains at the upper
lubber linz. A digital readout cf compass heading is provided.

ESI Slaving
———————

1n order for the pilot to have control of the A/P preset heading and preset course,
the No. 2 HSI heading and course set are slaved to the No, 1 HSI, i. e, when the
pilot positions his heading marker or course arrow, the copilot's HSI iollows to
the same position. This capability is provided by switching the HSI No. 2
HEADING and COURSE switch on the heading and course set panel to the "SLAVE"
position. Selecting VOR/ILS on both navigation selector panels and tuning both
VOR/ILS receivers to localizer frequencies accomplishes slaving automatically.
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Summary of Modes Operation

The FDS provides an integrated display of navigation and other flight information
required for control of the aircraft., Flight information displayed consists of
aircraft attitude displayed on the attitude sphere of the ADI, rate-of-turn dis-
played on the rate-of-turn pointer of the ADI, turn coordination information
displayed on the slip, and skid indicator on the ADL

The other flight information and the navigation information consists of signals
developed within the FDS from data furnished by Tacan, VOR/ILS, ASN-34,
ASN-35 'systems; compass; R/GA; flare; VER NAV; and A/P system., The
above systems data may be summed with, or complimented by, other information:
pitch rate from the two-axis rate gyros; flap position fram the flap position
transmitters; roll and pitch attitude from the attitude gyros and from the ISS in
the TPLC; vertical acceleration from the normal accelerameters; and elevator
position from the elevator position transmitter. The resultant information may
then be displayed on the FDS indicators.

The information displayed is determined by the switching of the navigation
selector panel accomplished manually by the pilots or by automatic switching
performed externally by the TPLC or the appropriate AWLS subsystem.,

Mode Priority

A complete tabulation of modes and priorities is provided in Figure 7-9 for
lateral channel and Figure 7-10 for vertical channel.

Heading Select ~ This mode overrides all lateral channel modes and provides the
vertical steering pointer with commands to maintain a preset heading, It is
selected by moving the EDG SELECT/NAV switch to "HDG SELECT."

7OR. Tacan. ASN-24 ASN-35 - These modes zre all called radio modes. None
of them, or the NAV CIF mode, may be selected at the same time since the
racde pushbuttens ca the navigation selector panel are mechanically interlocked.
Wien any Jne is pushed in and arciker one is pushed in, the first one pops out.
In the radio modes, a radio beam (real or artificially produced by tke computers)
is tracked by the ¥DS. Each of these modes consists of an automatic manual
heading, capture, and track mode. VOR and Tacan have a submode (VOR/TAC
APPROACH) which optimizes gains for close tracking of the beam after capture.
1t is initiated by switching the VOR/TAC APPR/NORM switch on the navigation
selector panel to "APPR. " The ASN-35 has two submodes which provide close
tracking of the desired track. These are paradrop and high-speed paradrop,

The paradrop is initiated by switching the NAV/X10 switch on the doppler
auxiliary control to "X10," The system is in paradrop below 190 knots and
high-speed paradrop above 190 knots.

o3 Pk .
s D .. oq - .. B s LA 4 et
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The HSI bearing pointer indicates bearing to the station in VOR or Tacan and
TAE in ASN-24 or ASN-35 mode. The course deviation bar indicates degrees off
course in VOR/TAC and miles off the desired track (crosstrack) when in ASN-24
or ASN-35 modes.

Rotation/ Go-Around (R/GA) - The R/GA mode is activated by depressing the go-
around button on either the pilot's or copilot's control wheel. This mode over-
rides all vertical modes and all lateral modes except heading select. Angle-of-
attack error and wings level commands are displayed in this mode.

ILS - The ILS mode is initiated by selecting VOR/ILS on the navigation selector
panel and tuning the VOR/ILS system to a localizer frequency. Localizer
utilizes an intercept heading, capture, and track modes similar to other radio
modes. G/S utilizes a capture and a track mode. In G/S mode, the vertical
and horizontal steering pointers provide guidance to the runway. Raw localizer
is displayed on the G/S displacement pointer.

Flare ~ The flare mode is initiated automatically at 45-foot radar altitude in an
AWLS approach., Flare supplies vertical velocity error to the horizontal steering
pointer and biases the displacement pointer and flag out of view. Localizer is
still active in the lateral channel,

VER NAV - The VER NAV mode is initiated automatically by a VER NAV capture
signal from the VER NAV computer when the aircraft is sufficiently close to the
VER NAV path. In this mode, the horizontal steering pointer displays VER NAV
steering, and the displacement pointer displays VER NAV error, The vertical
pointer displays whatever lateral channel mode is selected concurrently with
VER NAV.,

If the A/P is engaged, the flight director automatically goes into the A/P mode
at the AA-point. In this mode, the horizontal steering and vertical stecering
poirtars monitor the A/P pitch and roil steering commands, respesctively, T
G/S deviation poiater and flag display deviation and reliability respeciively in
this mode.

The

THEORY OF OPERATION

Although, as previously mentioned, C-141A aircraft contain two complete flight
director systems, only one is discussed here since both systems are the same.
The following system diagram illustrates the inter-relationship of the various
flight director components and signal sources. By breaking this diagram down
into its various information loops, the following can be noteds

o Heading information is supplied from the C-12 compass. The
signals are amplified and used to position the servo-driven

VOL. IX 7-25



compass card, = Heading information is also applied to other circuits
in the HSI which are covered later in the text.

o Roll and pitch attitude information is supplied to the ADI and to the
computer fram two different sources. The ADI is supplied by the
MD] attitude gyro. The computer is supplied by the ISS circuits in

.. the TPLC. The signals furnished to the ADI are amplified and used
to position the attitude sphere. Bank attitude is used in the computer
signal mixing network to compute vertical steering pointer information.
Pitch attitnde is utilized in the computer signal mixing network in
ILS, flare, and VER NAV modes to compute horizontal steering
pointer information.

o Course deviation signals are sent to the computer. The deviation
signal is also sent to the HSI course deviation indicator. The
computer mixes the deviation signal with other signals to provide
computer guidance information to the ADL

o Distance information is supplied to the HSI window. This indicator
is made up of three synchro movements and dc meters. The synchro
movements position the units, tens, and hundreds counters. The dc
meter movement positions the thousands digit. Only two indications

" can appear on the shutter and thousands digit: the figure 1" or a
blank, Since this digit is not used in C-141A aircraft, it is always
blank., The shutter appears if signals are unreliable or not available.

0 To-fram infermatior is supplied to the to-from arrow on the HSI in
VOR and Tacan.

o Bearing signais are sugplied o the kearing indicator on the HSL
Tkis movemeni is a servo-driven pointer.

o Course comumand signals {supplied oniy wken the system is in the
XAV OFF mode) are used tn position the serve-driven ccurse arrow,
T2z course arsow iz manual.y positicned Ly 2 course ser kmchin

all other mcdes of operarion except slave mode.

o The course errcr signal sent to the camyputer is derived in the HSI
course datum synchro's stator; its rotor is positioned by the course
gset knob. The signal ceveloped across the rotor is the difference
batween aircraft heading and selected course and is called course
error. When the course arrow is under the lubber line, the selected
course is the same as aircraft heading, and the course datum
synchro is nulled with zero course error output,

7-26 ' Co VOL. IX



Heading error signals sent to the computer are derived in the HSI
beading datum synchro. This is done in the same manner as the
course error signal except that its rotor is positioned by the heading
set knab. :

Erection cutout to the attitude gyro to prevent erection during turns
is supplied by the rate switching gyro.

Rate-of-turn is sensed by the rate transmitter and sent to the rate-
of-turn indicator on the ADL

Navigation systems, such as VOR/ILS, Tacan, ASN-24 ANS-35, are
selected by the navigation selector panel which connects these inputs
to the HSI and computer,

Normal acceleration is supplied to the computer and is used in
computing pitch steering during ILS or flare modes. No. 1 FDS is
supplied by the No. 4 vertical accelerometer, and No. 2 FDS is
supplied by the No. 3 vertical accelerometer,

Pitch rate is supplied to the computer by a two-axis rate gyro. . No,
1 two-axis rate gyro supplies No. 1 FDS, and No. 2 gyro supplies
FDS No. 2. This information is used in the same manner as
normal acceleration.

Elevator position is furnished to the computer for pitch steering
computation during flare mode only.

WLS computer signals supply the FDS computer with signals
commanding cptimum ancle of attack (R/G4a), vertical velocity
error ({lzre), and VIR NAYV ceviation and steering, R, SA s
switched in manualiy by ms go~around buticn ¢n eiler control
wheel. VIR NAV is armed manually when the VIR NAV conrol
is moved from "STDIT™ 10 "STAGE 1" or "STAGE 2" and swilches

s cirg ool VIS NN U path, Tlars lposoofirhed in
automacically 235 a fonctica of aliituda,  All comecting svsiems

are shown in Figure 7-1i.

.
[

comd e

Heading Loob and Slavine Overation

Ccmpass heading information is supplied at all times to the azimuth ring control
transformer symchro in the HSI. Any error voltage is amplified by the compass
servo amplifier which drives the servo motor turning the campass card, CT
rotor, and rate gcnerator as shown in Figure 7-12.
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FIGURE 7-12, HSI HEADING.LOOP

The rate generator feedback is used to stabilize operation and prevent over-
‘ shooting or oscillation, Whenever the system is in the NAV OFF mode, power
u is supplied to the course command servo amplifier.

The course loop is similar tothe heading loop and is used to drive the course
arrow and course digital readout to the aircraft heading. In both loops, the
motor nulls out error signals bv repositioning the CT rotor as well as the
various indicators,

The HSI course and keading slaving circuits are shown in Figure 7-10. Ailthisugh
feedback from the motor to the amplifier is used, it is not shown herz for
clarity.

There are tuo rotorc in each of the
CT's of the piloz's 5SI. ({There cre
two in the corilot'c also but they
are nct shoun here since they are
not connected.)

During normal operation of the heading set marker, the only way of moving the

marker is by manually turning the HEADING SET knob. Neither of the motors
can be driven since there is no power input to the pilot's heading amplifier,
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FIGURC 7-13, HSI HEADING SET AND COURSE SET SLAVING
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and the switch in the copilot's heading amplifier power line is open. Thus, during
pormal operation, each of the heading markers 1s independent of the other. How-
ever, when the HSI No. 2 HEADING and COURSE switch {s placed to "SLAVE,"
amplifier power is applied to the copilot's amplifier, and synchro excitation is
applied to CT rotor R, This CT then becomes a synchro transmitter feeding

the No, 2 HSI CT. If both heading markers are not positioned to the same point

- on the compass card, the difference in position, or error, is felt on the copilot's
CT rotor. Since there is no power to the pilot's amplifier, it does not matter if
some error is felt across R;. The No. 2 heading set amplifier, however, senses
the error and drives the motor turning the shaft until the error is cancelled.
When the error is nulled, the No. 1 and 2 heading markers are at the same point
on their respective compass cards. Then, anytime the No. 1 marker is moved,
an error is developed in No, 2's CT, which is nulled only when its marker is
coincident with the No. 1 marker.

The functioning of the course arrow during slave mode is identical to that of the
heading marker. In Figure 7-13, it is seen that synchro excitation is supplied

to Ry of No, 1 HSI's cowrse CT. Amplifier power is also applied to the No, 2
course amplifier through slave switch contacts, and No. 1 amplifier power supply
is open in slave.

In slave, the switches disconnect compass information from the CT's and
connect the CT's together, which gives identically the same operation as the
heading marker. Normal operation is without synchro excitation or ampiifer
power. With these conditions, the course arrow can only be moved marually,

Although compass information is being fed in, lack of amplifier driving power
prevents the motor from driving. I NAV OFF is selected, ampliZfier rower is
fed to the amplifiers and the motors slave the course arrows to compass heading.
This action occurs since the outgut of tae CT rotors is the difference or errcr
sSetween course arrow sesitisn and nctus] compass heading, This error Arives
Qe motor until the error iz nuliod which occurs valy wien course aryrcu oo
coincident with compass heacing.

! .
! 'Y

A ame Ve Aeriees
3.1.... AR Lewatbbitai

1Y

The artificial horizeon section of the Dight director consists <f two conventional
servo loops. The error-sensing synchros (rol! and pitcll) are attachad o ke
gymbals of the attitude gyre. Thae syvnchro stators are connected to the siators
of their respective control transformer synchros in the ADI. Error signals
are amplified to drive a servo motor which positions the sphere, provides a
stabilizing feedback signal, and nulls out the rotors of the conirc! transfcrmier
synchros as shown in Figure 7-14,

The CT's have two rotors fixed 90 degrees apart. One of these rotors senses
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FIGURE 7-14, ARTIFICIAL HORiZON LCOP

sphere position error. The second rotor is referred to as the 'high winding, "
Since the error sensing roior shouid be held near null and the/high windirg is
fixed G degress away, the high windings will have a nearly coastoat cuiput,
Alszo, driving voltage to the amplifiers are monitorzd. If the lcop remzins
nulled (and it should), the output should be very small. Both the null and the

Wi Ava Fasl 2a sty TTT ™ ga A swhgwe maaidda - "t‘\nv' = aiammat T pha sl wtn ae
2150 302 180 Lo W8 L. A2 & STIEXE To2iuln I IALLIIIAg SigTaL., S LD Ll oT

aull deviate ircm their normal vaiues, the TPLC serses this and 1uras oo tas
appropriate gyro fault light on the fault identification panel.

Tke pitch knob varies a bizs voitage to the pitch servo amplifier, which varies
the position of the sphere in the piich axis to correspond to actual flight pitck
attitude. The ADI amplifier cortains a potentiometer to adjust the roll axis of
the attitude sphere for ary inherent synchro unbaiance in the roll loép. This
adjustment is not needed in the pitch axis since this axis is varied by the pitch
knob, )

ISS circuits in the TPLC select the intermediate signals from the two FDS

n-33 o VOL. IX



\

attitude gyros and the A/P displacement gyro. The ISS circuits have 6 outputs
(3 roll and 3 pitch), The No. 1 FDS uses ISS output No, 1, and No. 2 FDS uses
ISS output No. 2, as shown in Figure 1-15.

h 11 ISSN ml” flight
ro 0. g
No.1 MDI ™ Iss pitch | director
attitude computer
pitch No.1 P
gyro —» Bt No.1
TPLC
11 Isg r§11 fligh
ro 0. ight
No.2 MDI . > director
attiigde pitch R . computer
No.2
autopilot _roll .
displacement
gyro pitch

FIGURE 7-15. COMPUTER ROLL AND PITCH INPUT

Attitude Gvro Lonp

The attitude gyro loop emplovs a type MD-1 attitude gyro for verticai refsrence
to the artificial horizon. An JMC-1 rate gyro is used to cut out the roil erection
torque motor during turns when the gvro might be erected to a false vertical.
The motors used in these gyros for drive and terque are two-phase vies,

A typical phase-sensitive motor, used to run the gyros, is shown in Figure 7-18.
In a motor of this type, it is necessary

for the currents through the two windings
to have some finite phase difference
(other than zero and 130 degrees) before
the motor will run. Normally, the wind-
ings are connected to a single-phase power
source with a capacitor in series with one =
winding. The insertion of the capacitor in FIGURE 7-16.

series with one winding causes sufficient PHASE-SENSITIVE MOTOR
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phase shift in winding current to enable the motor to run, As shown here, the
motor runs anytime power is applied but always in the same direction.

In some applications it is desirable for the motor to be capable of operating in

either direction. Such is the case of the torque motors used to keep the MD-1

attitude gyro erect. In this application, two capacitors and some type of

switching-device are used to insert the capacitance in series with one winding

and connect the other winding directly to the power source. A typical method
i of switching used in gyro erection

motor gsystems employs a liquid-level switch.
i} ) When the gyro is level, the liquid switch,
‘as shown in Figure 7-17, bypasses both
@ capacitors so that no phase difference

exists between the currents through the
two windings. In this case, the motor
would not operate, If the gyro drifts

to power 'L T - off level, the electrolyte in the level
source« / switch would be displaced. If the elec-
liquid level trolyte varies the resistance to either of
- switch the two top contacts, the appropriate
capacitor becames effective as it is no
FIGURE 7-17, LIQUID LEVEL  poe i e mich gives, the
SWITCHING necessary phase difference and the

motor would operate. If the gyro tilted
the other way, the same action would occur on the other side, and the motor
would operate in the opposite direction.

The erection system in the MD-~1 gyro uses a similar arrangement, The
switches are electrolytic types whose action is to change resistance. In
essence, the operation is as described in the preceding paragraph. Operatioz
of either torque motor causes a force to be exerted on the gyro gimkal which,
. in turn, causes the gyro to precess in the proper direction to return to a
vertical position. This vertical position is relative to the earth's suriace.
During turns of the aircraft, it is likely that the liquid levels would sense a
false vertical due to centrifugal force and cause tiie g3ro to erect o a false
vertical. For this reason, an MC-1 rate gyro is used to chsable the erection
during turns that exceed a predetermined rate. : :

Figure 7-18 shows the connection between the MD-1 attitude and MC-1 rate
gyros. If the turn rate is high enough to close the switch in the rate gyro, the
amplifier signal closes relay K-101., When K-101 closes, both winding of the
roll torquer are connected together to A@-bus 26-volt ac power. The essential
action is both roll torque windings tied together and no phase difference can
exist., With zero phase difference, the motor does not operate. After rolling
out of the turn, the rate gyro switch opens to deenergize K-101 and allow the
roll erection system to operate.

’
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SIMPLIFIED ERECTION CIRCUITS gyro | v
~

Rate-of-Turn Indicator

The gyro in the rate transmitter, as shown in Figure 7-12, pesitions whe irm on
a potentiometer. This potentiometer is in a typical wheatsione bridze circuis,
The rate-of-turn indicator is a dc meter movement, which measures tie relasive
unkalance of the bridae, It is calibrated in minutes (number of minutes tc

complute a 300 degrec turn,.

Slip Indicator

The slip indicator is a method of indicating the direction of the vector sum of
gravitational/centrifugal forces which act on the aircraft as shown in Figure
7-20. In straight and level flight, there is no centrifugal force and gravity
centers the inclinometer ball.

During a turn, centrifugal force acts at right angles with gravity, and the ball
is positioned as the vector sum of the forces. A coordinated turn is one during
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RATE TRANSMITTER ADI

—

- 28vdc

FIGURE 7-19. RATE-OF-TURN DISPLAY

which the direction of the net force is at right angles (perpendicular) with
respect to the cargo floor. As long as this force is perpendicular, the bail
remains centered., With inadequate bank, the centrifugal force is graater than
gravity, The net result i3 an aircraft skid toward the outside of the turn, anc
the ball is displaced in a direction toward the outside of the turn (high wing).

With too much bank, the effect is just the opposite. The centrifugal force is
less than the gravity force, and the net force is not perpendicular to the wings.
The aircraft would then slip downward toward the inside of the turn, and the ball
would be displaced in the same direction (low wing).
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Navigational Information Loop

W Course deviation signals are sent to the FDS computer., The deviation signal is
also sent to the HSI course deviation indicator as shown in Figure 7-21 which is
a simple dc meter movement. The computer mixes the deviation signal with
other signals to supply computed guidance information to the ADI bank steering
bar, The course warning flag signal is monitored in the computer, which provides .
an output to the course warning flag dc meter movement. To-from signals are
also applied to the HSL The signals position a to-from dc meter movement.

e

course
tg;;::? deviation
signal

N FIGURE 7-21, HSI
Distance Information

Distance information is supplied to the HSI range indicator as shown in Figure
7-22, This indicator is made up of three synchro movements and a dc meter

& I
L4 <l
/ e

6%

26v ac excitation

FIGURE 7-22. DISTANCE DISPLAY
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movement, The three synchro movements position the "units,* "tens," and
"hundreds! counter dials, The dc meter movement positions a shutter over the
thousands digit. The shutter is not connected since the thousands indicator is
not used. A second dc meter positions the distance warning flag shutter.

Distance information displayed is either Tacan distance from a Tacan ground
station or distance remaining on a selected doppler or navigation computer
course.

Bearing Indication Loop

The bearing pointer, as shown in Figure 7-23, displays either VOR or Tacan
station bearing or track angle error during doppler or ASN-24 guidance. The
loop is a typical servo loop using a control transformer synchro, amplifier, and
motor the same as the heading loop, previously discussed.

bearing control

transformer .
synchro \
serv10 \\
amp
I\r m I
—~~ _ feedback \

S
)
| —~=21

i bearing signal

FIGURE 7-23, BEARING DISPLAY

COMPUTER ~ THEORY OF OPERATIO:’
Ta. AWLE IS computer utilizes 18 distinet modes. These modss, alonywith
the ADI presentations for each, are shown in Figure 7-8, The manuzl switching,
with two exceptions, is accomplished from the pilot's or copilot's navigation
selector panel. These exceptions are R/GA and VER NAV.

lateral Channel Modes

Heading Select

The basic mode of the FDS is manual heading mode, selected by positioning the
HDG SELECT/NAV switch to "HDG SELECT." In this mode, the signal supplied
to the vertical steering pointer is a composite signal of bank angle from the ISS

JOL. X' - 7-39



circuits and HSI heading error, as shown in Figure 7-24. Logic switching
prevents any other lateral mode from being displayed when the FDS is in "HDG
SELECT." A bank command limiter prevents command exceeding 23 degrees.
A bank rate command limiter limits the rate at which bank commands are given
(10 degrees/second). The automatic manual heading mode is initiated whenever
a radio track mode is selected and lateral beam sense is not satisfied. Lateral
beam sense is a signal term used in the FDS to initiate capture., When radio
deviation drops to the capture initiation point, Lateral Beam Sense (LBS) is
satisfied, and the computer switches to capture mode. The bank command
limits follow:

Automatic Heading Radio Radio LOC Approach
Manual Heading Select Capture Track Track Arm

—_— ]

30 degrees 23 degrees | 30 degrees | 15 degrees | 15 degrees | 7.5 degrees

Automatic Manual Heading (MH) is very silimar to heading select except for bank
limits. Automatic MH is switched in whenever a radio track mode is selected
with the HDG SELECT/NAYV switch to "NAV" and the aircraft outside LBS.

Radio Track Mode

The radio track mode is initiated by selecting a radio mode on the navigation
selector panel (VOR, Tacan, ASN-35, and ASN-24). In radio track, there are
three submodes: Automatic MH, Radio Track Capture (RTC), and Radio Track
Track {TRE). RTC cccurs at LBS. In RTC mode, radio deviation is filtered
and summed witk bank angle and course error; it is then sent to the course cut
limiter which limits course cut commands to 2 maximum of 45 degrees. (The
course inputs to the signal mixing networks are applied through resistive net-
works whese gains are changed by logic switching to make them compatible
with the appropriate mode.) The signal is then fed through the energized
contacts of the MH switch, (At this point it should be noted that a logic term
identified with a bar over it is the negation or inversion of the term itself. Also,
the logic terms shown with each switch is the logic required to energize that
particular switch.)

From this point, the signal is fed through the limiters to the meter driver to
" the vertical steering pointer. The VP logic would be energized and off-scale
bias removed from the pointer. At this time, if the signal is reliable, the
vertical pointer is in view, and the vertical flag is out of view. Later, the

—\
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- gpecific logic to bias the pointer and flag off scale is discussed. After capture

is complete and requirements for TRK are complete, the. TRK awitch energizes,
which allows only course rate information to be summed with bank angle and
radio deviation. Since only rate information (rate-of-change) is passed by the
rate filter, long-term course errors such as those existing due to cross wind
effects would be washed out, and only radio deviation and bank angle could
commangd changes in aircraft heading. In TRK, the gains are changed to optimize
tracking., In this mode, as well as all radio modes, the pointer output signal is
the difference between the bank command signal and bank angle.

XOoTE -

Gain changes are made by logic
switahing dependent upon the
mode gelected.

VOR/ILS Mode

Whenever VOR/ILS is selected, the ADI is supplied a lateral steering signal
composed of the difference between the bank angle and bank command signals.
The radio deviation is provided by the VOR receiver.

Tacan Mode oz
Tacan mode is identical to VOR mode with two exceptions: Tacan LBS varies
with distance to the station and thz Tacan slant range distance is displayed on
the HSL

Lt
3l

ASN=-24 or ASN-35

ASN-24 or ASN-35 mode signal process is similar to VOR or Tacan modes. The
computer modes, however, utilize crosstrack error rather than radio deviation
although the computer treats this signal exactly as it would a radio deviatica
signal. Also, TAE is displayed on the HSI rather than bearing to a ground
station.

Paradrop mode is initiated concurrently with normal ASN-35 track mode by
positioning the NAV/X10 switches on the doppler auxiliary control panel to ¥X10."
Circuits for signal processing are the same as in normal ASN-35; however,

gain changes are optimized to more fully utilize the X10 scale factor switched

in by the paradrop mode logic switching, =

Highspeed paradrop mode is a submode of normal ASN-35. In order to keep the
steering commands within controlling limits of the pilot and the aircraft,

-
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highspeed paradrop mode is switched in whenever the aircraft is above 190 knots -
or when flaps are fully up. Since the aircraft is limited by the flight manual to
speeds of 190 knots or less unless flaps are up, a switch in the flap position
transmitter closes whenever the flaps are lowered greater than 3 degrees. This
switch is, in effect, an airspeed detector. In highspeed paradrop mode, gains
are reduced further to keep pointer commands with the response ranges of the
pilot and the aircraft.

In Figure 7-25, it can be seen that 28-volt, dc is fed to the NAV computer logic
input whenever either computer is selected. If ASN-35 is selected and the NAV/
X10 switch on the ASN-35 auxiliary control panel is in the "X10" position, the
FD camputer switches to paradrop mode. If the flaps are up, 28-volt, dc is fed
from the ASN-35, NAV computer input through the deenergized contacts of the
relay to the FD computer highspeed paradrop input. This is highspeed paradrop
mode. If however, the flaps are lowered (and if they are, it will be 3 degrees
or more) the relay energizes removing the 28-volt, dc signal from the High-
Speed Paradrop (HSPD) input. This action causes the FD computer to revert to
normal paradrop mode.

VOR(TAC Approach Mode

VOR/TAC approach mode is a submode of both- VOR and Tacan. The approach
mode is for use within 50 miles of the ground station to provide optimum tracking
by altering computer gains. The VOR/TAC approach mode is selected frem the
navigation sclector panel by placing the VOR TAC APPR/NORM swiich 2
"APPR."

RZGA Lateral Mode

The R/GA lateral! mcde consists of bank angle informaticn fed to the steering
sointer {or a wings level command, which {3 to avoid altitude loss sirce 1if iz
rnasdmum wihen the wings are level., As shown in Figure 7T-22, whea oo zruuns
'z selected. the I/GA switch energizes, leaving cnly bank angle to be fed intc
tqe meter driver through the deenergized contacts of the APL (A/P Lateral)
switch, If the auropilot is engaged after approack arm, the 2utopilat sweering
commands are pa.ssed through the energized APL switch, through the
deenergized R/GA switch, and the meter driver to the ADI pointer. Bank angle
is not mixed with APL steering since the energized APL switch disconncc::
bank angle from the meter driver input. '

Localizer Mode

Lecalizer mode is discussed here only through its progress to approach arm
and picked up again in the discussion of ILS approach mode. Except for gain
changes and the lack of a bearing pointer signal, LOC mode is much like any
other lateral radio mode. Desensitized localizer is supplied to the FDS from
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the A/P coupier.

Desensitization of G/S and LOC begins at G/S engage. Prior to G/S engage, the
LOC and G/S signal gains from the coupler are unity (1). During an AWLS
approach, however, the FDS switches fram A/P LOC information to raw LOC
from the LOC receiver, at AA., As shown in Figure 7-26, desensitized LOC is
fed through the deenergized contacts of relay K6. K6 is held deenergized in
LOC mode by removal of a ground when K4 energizes; K4 is energized when a
" localizer frequency is selected. K6 has 28-volt, dc when any radio mode is
selected. When any radio mode other than LOC is selected, K6 is energized by
the 28-volt, dc RT signal, and the ground is provided through the deenergized
contacts of K¢, When 2 localizer frequency is tuned, with VOR/ILS selected
from the navigation selector panel, and the VHF navigation receiver turned on,
the VHF navigation relay energizes, which provides 28-volt, dc to energize K4
which removes the ground from K6 switching the lateral channel input to local-
izer from the A/P coupler.

AP desensitized
coupler f 1ocalizer[
radio devl
or rav

nav —a 1 to. 1atera’t‘

Tocalizer
select |(fpom nav : L—g | channel

panel rec) A . I

[ W—
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RT 20vec | 3.@ I
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'F.. na'; YOR/ILS | %c ! 28vdc ! |
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- At AA, the TPLC provides a ground through CR-1 allowing K6 to energize which

switches the lateral channel input from desensitized localizer to raw localizer
from the receiver. Thus, in a non-AWLS approach, desensitized localizer would
be used exclusively since there would be no AA signal to accomplish the switching.

S

A/P lateral Mode

A/P lateral mode is initiated if the autopilot is engaged after AA, In this mode,
autopilot lateral or aileron commands from the aileron computer are displayed
on the vertical steering pointer as shown in Figure 7-24.

T NOTE

Thie mode is available only to

No. 2 system.
L=

.“.

When the APL mode becomes activated, two APL switches close, which allow
only APL steering to be passed to the meter driver. The upper APL switch
passes-APL steering and opens the signal path for other lateral channel informa-
tion, while the lower APL switch removes bank angle from the meter driver in-
put, This mode provides an expanded scale display of the aileron servo effort
indicator. @

e o F T U TR S P Py

NAV OFF -
NAV OFF mode is selected with the NAV OFF button on the navigation selecter
panel, In this mode, all NAV inputs normally fed through the navigaticn selecter -
panel are removed from the FD computer through logic switching; all pointer

and flags are biased out of view. Only attitude information and aircraft ccntrol
information, suckh as rate-of-turn axd sliip and skid are displayed iz the mcda,

Lateral Beair Sensing

There are two beam-sensing circuils used in the izieral channei. These are the
lateral beam sensor and the track sensor.

Lateral Beam Sensor - The lateral beam sensor consists of a voltage level
monitor which has two outpuis. The outputs are either + 6 volts, dc or grounds
(1 or 0). Output is a logic 0 until LBS occurs and a logic 1 after LBS. LBS
cccurs at different thresholds for different modes of operation, i. e. LBS occurs
in VOR mode at 75 millivolts deviation; in NAV camputer or ILS at 150 milli-
volt, and in the case of Tacan, LBS occurs at a threshold which varies inversely
with the distance from the Tacan ground station. At 150 miles or more from

the Tacan ground station, LBS occurs at 50 millivolts deviation. At 100 miles
range, LBS occurs at 100 millivolts. At 125 miles, LBS occurs at 75 millivolts
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and at 75 miles, LBS occurs at 125 millivolts deviation. This sensor output,
when combined with RT or ILS logic, initiates capture mode. Inputs to the LB
sensor are radio deviation, Tacan range information, and logic switching to vary
LBS levels as a function of mode.

Track Sensor - To switch into track mode requires two logic outputs from the

track sensor as well as other logic inputs. The track sensor is composed of
two individual sensors, each of which is similar in operation to the LBS. Each
of the TRK sensors has two functions: one in normal operation, and one in self-
test. In normal operation, the A track sensor monitors the radio deviation

. level and supplies a logic 1 output when deviation has decreased to the level

required to switch into track mode (25 millivolts). In self-test operation, the A
track sensor monitors the output of the horizontal steering pointer meter driver
and supplies a logic 1 output when the pointer is driven to a null position. The
B track sensor monitors course error during normal operation and provides a
logic 1 output when course error decreases to 15 degrees. The B track sensor
functions identically to the A sensor except it monitors the vertical steering
pointer meter driver. :

Vertical Channel Modes

There are five modes in the vertical or pitch channel. These are ILS approach,
flare, R/GA, VER NAV, and APV, ILS approach mode begiis when the computer
satisfics its logic requirements for VBS. These are G/S valid, LOC valid, ILS
selected, LBS, and Glide Slope Window (GSW), VBS is responsible for bringing
the horizontal pointer into view. GSW is a term used when the aircraft is within
a predstermined proximity of the G/S beam. (45 millivolts to l.ich G5 in or
156 millivults to unlatch GSW). Once VBS has occurred, luss of any cue cf the
requirements for initialing VBS may not bias the Horizont:l Steering Point (EP)
off scale. Unlatching VBS rcquires loss of LBS, switching out ¢f ILS mode, or
going to Headirg Sclect (HS).

Lt G/Smode, there nre fovr inputs to the computer us shevn in Dipure T-17,
They are desensitized G,'3, normal acceleration, pileh angle, and siwch rate.
Desensitized G/S from the A/P coupler passes through deenergized conlacts ¢
the Flare Enguege (TG sowiteh to the pitch comumuand liniter, Here, piteh
commanas are imited 1o = 6 degrees. rFrom the comumand limiter, the signal
is passed to the commard rate limiter, which limits the rate of change which
can be felt at the suniming junction. This action keeps pointer movement wizin
the response capabilities of the pilot and the aircraft. At VBS (or ILS approach
both terms mean the same within the computer), a 1, T-degree pcsitive bias is
fed :nto the signal chain. Pitch angle, pitch rate, and normal acceleration are
also fed into the signal chain, It is at this point in the approach tha: the HP
comes iato view. The + 1,7-degree bizs causes the pointer to deflect downward,
which commands capture of the G/S beam. As the bias washes out in the wash-
out filter and G/S deviation decreases, the aircraft approaches the G/S beam.
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Normal acceleration is fed into the signal chain to anticipate changes in aircraft
attitude, This is to say, if there is a change in acceleration, -a corresponding
deviation from the G/S be~m might be expected. The same is true for pitch rate
information. Pitch angle, however, is the signal summed with G/S deviation to
aid steering command ckanges only. All of this supplementary or anticipatory
information is applied to wash-out filters, which allows signals to be applied
for a given length of time only, This allows steady state signals to build up with-
- out commanding steering to cancel them, while rate signals are passed directly
to the signal chain, The summation of these signals occurs at a summing
junction downstream of the pitch rate limiter. The composite signal is then fed
through the deenergized contacts of the APV and R/GA switches to the meter
driver and onto the horizontal steering pointer,

VER NAV mode provides steering information to capture, to track a VER NAV
path, and to maintain altitude as commanded by VER NAV settings. VER NAV
-and ILS modes are not compatible;. if both are selected simultaneously, the FDS
switches out VER NAV and presents ILS information, as shewn in Figure 7-27,

In VER NAV mode, the VER NAYV steering signal passes through the VN ILS
switch to the summing junction at the pitch rate limiter output. No other signals
except pitch angle are present at this junction, When VER NAV steering commands
a pitch change, pitci: angle information in opposition to the command is fad int

the junction as the aircraft pitches to satisfy the command. Then, as the zir-
craft comes closer to the VER NAV path, the pitch signal commands the FDS to
reduce the pitch command, thus eaabling a smooth intercent oi the VER NAV

path and alsc smoother tracking when on the path, From the summing juncticz,

Le VER NAV composite signal follows the same path as the G/S composite = D...?.l.

APV Mode

In this mode, steering commancs from the elevator computer are
meter driver ancd on to the ADI through tha ener::zea APV sw ::cl“; r-.= :L:"h )

[P . T. . JRS Y - . . R ,
zeofmests cthow inpuss irame e simmal el and diraush e Lien.oocs
- - .-l - . > ie Caeemer o o) oo,
nan _J...a o the R, G, svilch., Tiis cotion provides thie copiles wil un crzundid
scaie view of the sievaiar serve ellrrt incicarcr,

alt e

3/3A moce overridas all cther medes in tha vitch channel, I ke £ 'GA soizoh

gne-gizes, the paths irom zll other souwrces excest R/GA are oren:
R/GA signal in the pitch c? anne! is angle-of-attack errcr. This angle-cof-attack
error means tho: the aircraft is pot at the optimur angle-ci-attack for maximum

1ifs ia ics present conligurztion. Troe computer angle- cf-at‘.:;c‘: erxor is fed

through the energized R/GA switck to the meter driver and the ADI stzering
pointer. TheFDS makes no changes to the R/GA signals; it merely displays
them.
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Flare Mode

Flare mode is energized at 45 feet radar attitude in an AWLS approach. In this
mode, vertical velocity error is fed into the FDS to provide commands for
reducing the sink rate to a value within the structural limits of the aircraft. As
shown in Figure 7-27, flare error is applied to the flare synchronizer, which
keeps the input to the signal chain from commanding a very abrupt fly up signal
at FE. ‘

The synchronizer feedback path (within the synchronizer) is broken at FE, and
the synchronizer begins to washout its built-up error to allow the complete signal
to pass. This action is necessary since the FE at 45 feet is so great it would
command nose-up of the aircraft into a stall attitude. The flare signal passed

by the integrator is limited in the pitch command limiter to + 6 degrees and - 1
degree and to a rate of change within response times of the pilots and of the air-
craft. The signal is then applied to the sunming junction along with the same
signals present in G/S mode (except the + 1, 7-degree bias which is washed out)
plus elevator position feedback., Elevator position is used to prevent over-
commandirg in flare mode, -~

Since elevator position changes almost immediately in response to a cammand,
the elevator position feedback cancels the pointer command immediately to
prevent further response., The signal (elevator position) is washed out after a
fixed time delay so that the final command or the horizontal steering pointer is
2 result of error only. The signal path from the summing junction is through
deenergized contacts of the APV and R/GA switches and through the meter
driver to the AD] pointer.

§OTE
If the autopiler <8 :sngaged, Tlare
will be dispiayed on o, I FOS oniy
and APV gteering will b2 displayed

n -~ -
2 R25,

om diec.

Vertical Beam Sensing

Vertical channe]l beam sensing corsists of a G/S level detector called the GSW.
This detector senses prcximity to the G/S beam and its output (logic 1 if within
the threshold level and a logic 0 if outside) is utilized to develop vertical beam
sense logic which brings the pointer into view 1o initiate capture and perform
other logic switching, GSW latches in when beam error becoms less than 15
millivolts and mlatches if beam error exceeds 150 millivolts. The inputs to
the GSW detector are G/S deviation and VBS logic. Before VBS becomes valid,

v e NGAS Y ..

ey -
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GSW initiation level is less than 15 millivolts. After VBS becomes valid, GSW
initiation level becomes 150 millivolts; therefore, to unlatch GSW requires
deviation of more than 150 millivolts.

Vertical Pointer and Flag Logic

Previously, it was said that if the system supplying lateral steering information
to the FDS was valid, the VP would be in view displaying steering commands and
the Vertical Flag (VF) would be out of view indicating reliability. While this
statement is sufficient for data flow explanation purposes, the actual monitoring
of validities is somewhat more complicated than this implies. As shown in
Figure 7-28, the VP output is connected through a logic switch to a minus 12-volt,
dc off-scale bias source. This logic switch is gated open which biases the VP

out of view or off-scale on the ADIL

This switch opens when VP-logIc is applied. Figure 7-27 shows the equation
for VP logic. Two terms of the VP logic bave not been previously discussed;
they are System Validity (SV) and Lateral Manual Warning (LMW), The term
SV represents an FDS validity composed of FDV and ISS, The FDV term is an
. internal voltage monitor, and ISS is a validity monitor of the attitude signals
from TPLC. The remainder of the logic terms in the vertical pointer channel
are primarily mode selection/validity and level switching.

Horizontal Pointer and Flag Logic

The HP logic is similar to VP logic, i. e. if the system supplying pitch steering
information is reliable, the HP is in view at the appropriate time. The cquation
for HP logic is also shown in Figure 7-28. The only new term is Pitch Manual
Warning (PMW), which is analogous to LMW as used in the vertical pointer logic.

Displacement Pointer and Flag

i -29, is connacted to G/S reiizrility sigmals vhen
ST + AT, ILSmocde, azd not in flare maode. Cenversels, e

<

P T

The DP is in view in VER NAV and ILS modes until FE. The logic equation
shown in Figure 7-30 means that the DP is biased out of view during {lare mode,
ST + AT, and all cther mcdes except VER NAV and ILS.
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FIGURE 8-1. YAW DAMPER COMPUTER
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YAW DAMPER (Y/D) SYSTEM

The Yaw Damper (Y/D) system is considered part of the Automatic Flight

Control System (AFCS). I is a full-time system which supplies yaw stability

augmentation as a function of yaw rate. The system also provides turn
_coordination.

COMPONENTS
The yaw damper system consists of the following seven units:

- 0 Yaw Damper Computer (Figure 8-1)
o Yaw Damper Control Panel
o Three Single-Axis Rate Gyros

o Two Yaw Damper Servos

The manner in which these components are connected is shown in Figure
8-2,

SYSTEM OPERATION

The yaw damper control panel, also shown in Figure 8-2, contains an
OFF-ON toggle switch, a TEST pushbutton, and two lights: one marked
MONITOR and the other CHECK/RESET.

To energize the system, the ON-OFF switch is placed in the "ON"
position, which applies necessary power and relay switching to fully
energize the system.

When the TEST pushbutton on the right side of the panel is depressed,
which allows a complete functional test of the system as shown in Figure
8-3, a holding coil is energized which holds the test button down. Then,
for 10 seconds, the single-axis rate sensors are torqued off null, thus
simulating a yaw condition. After the 10 seconds, the system is
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automatically faulted, which is done to determine if the system detects the fauit,
If such a fault exists, the following lights illuminate:

0 MONITOR light on the yaw damper control panel |

0o YAW DAMPER INOPERATIVE lights on the pilot and
copilot's instrument panel (outboard side)

0 YAW DAMPER FAULT light on the master caution
annunciator panel.

Then, after 10 more seconds, the CHECK/RESET light on the yaw damper
control panel {lluminates, signifying the successful completion of the test, The
system must be turned "OFF" and then back to ""ON" in order to have it
operational agzain.

~ The three single~axis rate sensors (g'yi'os) measure the angular velocity of the

aircraft in the yaw axis. These gyros are the only sensors used in the yaw
damper mode. Any change of the yaw rate is sensed by the gyros and results
in output voltage signals whose phase represent the direction of yaw and whkose
magnitude represent the yaw rate. These three signals are fed to the yaw
damper computer. The two gyro inputs are used by the active channels of the
computer while the third gyro input is used for the model channel (comparison
channel within the camputer) as shown in Figure 8-4.

The yaw damper computer receives the three gyro inputs, and, after processing
them, sends command signals to the servomotors.

The servomotor, upon receiving the command signals from the yaw damper
computer, cause the rudder to deflect, through electromagnetic clutches, in
the proper direction to stabilize the aircraft and thus null the yaw rate signals.
This action is accomplished through the rudder power package by means of
mechanical linkage and hydraulic vaives.

THEORY OF OPERATION

A block diagram of the yaw damper system is shown in Figure 8-5 which
illustrates the essentially triple system configuration that provides adequz:e
information to achieve a "'fail operative" system, i.e. no single failure can
disable the system. In the event of multiple failures that would disable tke
system, it will ""fail-safe" by means of automatic diserzagement.

Each of the three, single-axis rate gyro outputs are sent to a summing point
at the input of three identical yaw rate filters. This yaw rate is then summed
with a roll crossfeed.signal (if the roll axis of the autopilot is engaged) to
assist in turn coordination and aircraft control by means of rudder operation.
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This summed signal is then fed to the yaw rate filters (filter and washout
circuit). Each filter and washout circuit converts the ac input signail to a de
signal that can be shaped by the {ilter. After this shaping, a modulator cha:.zes
the modified dc signal back to an ac signal. The {filter adjusts the vaw damper
gain (degrees of rudder command per degree of yaw rate) as required. At
lower airspeeds, when dutch rol! frequencies are low, the filter supplics o high
gain, At normal cruise and high speeds, when dutch roll frequencies are higher,
the filter provides low gain.
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The output of the filters is then sent to each of the three Intermediate Signal
Selectors (ISS) and also to the "A" comparators. The comparators cross-
compare the outputs of the three filters such that if these outputs differ by a
fixed amount the comparator alarms, thus turning on the YAW DAMPER FAULT
light. If the fault is in one of the active channels, it causes that channel to
disengage., If no fault is detected, the comparators remain in a safe condition.

The ISS receives inputs from each of the yaw rate filters where' the ISS then
selects the intermediate signal of the three inputs; therefore, the outputs of

all three ISS's are essentially equal. These outputs are then routed to a summing
point where again, if the autopilot roll axis is engaged, the signal is summed
with roll crossfeed. This summed signal is then fed to a servoamplifier where

it is amplified and drives the servomotor. Another output of the servoamplifier
is also a low-level dc signal that is sent to the servo effort indicator on the
pilot's instrument panel. This dc signal represents the amount of servo effort
but does not represent rudder displacement.

The servomotor input signal causes the motor to turn in the proper direction to
compensate for the yaw condition. When the servomotor turns, it also turns a
rate generator whose output is fed back to the servoamplifier for damping.
Servoamplifier nulling is accomplished by a position transmitter which is
driven by the servemotor. This signal is also routed to the "B" comparators
which perform the same function as the "A" comparators. The output of each
servomotor is connected to the rudder power pack through an electromagnetic
clutch and an intermediate spring.

Roll crossfeed is developed in the aileror computer, when the roil axis of the
autopilot is engaged, and sent to the yaw damper computer after {irst being
gain-adjusted as a function of Mach in the No. 2 CADC. The signal is then
passed through an ""easy-on, easy-off"' (engage softener) circuit and then is
applied to the input of the yaw rate filters and the servoamplifier. Engage
softening is necessarv since the roll axis may be engaged or disengaged "vkile
the aircreoft is in a bank,

This circuit prevents sudden rudder commands from being intrcduced wkich
would cause undesirable aircraft maneuvers. Due to circuit desig:, the outzul
of the ergage soitencr that is fed to the yaw rate filters is 10 iimes groater
than the output that is fed to the servoamplifier. This large command signal is
ictroduced at the filter to give an initial rudder command. After the filter has
washed out the initial large command signal (bank angle established), the small
command signal that is applied at the servoamplifier is enough to ho.d the
rudder at the desired position,

In LOC mode (autopilot engage), the roll crossfeed signal bypasses the Mach
gain adjust. A signal representing LOC track is fed to the yaw damper computer
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~ as a strong crossfeed signal to the input of the servoamplifiers.

This is done to

give the autopilot tighter control over the aircraft and also to produce near flat

turns for better beam tracking.

The camparators within the yaw damper computer have associated fault lights

on the carmputer's front panel.

These lights come on if the comparators alarm.

The following table lists these lights and comparators along with cause of the

fault:

Yaw Damper System -

[T

Comparator No. 1A, No. 3A

Comparator No. 2A, No. 1A

Comparator No. 3A, No. 2A

Comparator No. 1A, No. 24,
No. 3A

Comparator Ne, 1B, No. 2B

Comparcter No, 2B, No. 3B

Comparator N¢, 2B, No. 1B

Comparator No. 1B, No.

No. 3B

"YAW DAMPER INOPERATIVE"
light

Has 7 comparators: "A'" comparator
will alarm if difference is greater
than a signal proportional to approxi-
mately 1 degree/second yaw rate,

Failute of Rate Gyro or Yaw Rate
Filter No. 1

Failure of Rate Gyro or Yaw Rate
Filter No. 2

Failure of Rate Gyro of Yaw Rate
Filter No. 3

If any one alarms, causes Y/D FAULT
light to come "ON." If all 3 alarm

" causes total system disengagement.

ISS;, Amp 1, or Servo l; Fault and
disengage

ISS,, Amp 2, or Servo 2; Faull and

i disengage

ISS, or Servo model; Fault

If any one alarms, causes Y/D FAULT
light to come "ON," If all 3 alarm,
will cause both servos to disengage.

Will came on if current in both servo
clutches is stopped by an automatic
disconnect - manually turning the

8-8

Continued
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system off - or any other cause.
Y/D INOP light will not light in the
event of disengagement of a single
servo,

The

DS1A
DS2A
DS3A
DS1B
DS2B
DS3B
Ds4

Fault Lights on front of Computer are "ON, "

Comparator 1A alarmed.
Caomparator 2A alarmed.
Comparator 3A alarmed.
Comparator 1B alarmed.
Camparator 2B alarmed.
Comparator 3B alarmed.
Roll crossfeed comparator alarmed.
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AUTOPILOT (A/P

The primary function of the Autopilot (A/P), shown in Figure 9-1, is to
provide basic aircraft stability in the selected flight attitude. It also
controls the aircraft to fly and maintain a selected navigation mode and,
in AWLS approach, to touchdown,

SYSTEM OPERATION

The following components make up the
A/P system:

o Control Panel

o Trim Indicator

o Two Dual-Axis Rate Gyros

o Vertical Gyro

o Coupler

o Aileron Computer

¢ Elevator Ccmputer

o Control Wheel (pilotis) Hub and
Sensor
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o0 Aileron Servo

o Elevator Servo
A description of each of these components is given in the following paragraphs.
Control P.anel

The control panel, shown in Figure 9-2, contains the following items, each of
which is discussed separately:

> MACH INC
AUTO AY
PILOT SEL
@ MACH DEC
CWS
LAT
OFF
S

- FIGURE 9-2, AFCS/AWLS CONTROL PANEL

Autopilot Engace Switch

\_ _/ The self-holding autopilot engage switch is used to engage or disengage the auto-

pilot. When engaged and when no other mode is selected, this switch provides
basic autopilot functions, i.e. pitch and roll stability. If the autopilot is engaged
when the aircraft is flying at a bank angle of less than six degrees, the aircraft
rolls down to wings level, If, however, the autopilot is engaged when the air-
craft is flying at a bank angle of greater than six degrees, the aircraft maintains
that bank angle. Returning the autopilct engage switch to the ceanter positicn
disengages the autopilot.

NAV SEL/LAT OFYF Switch

The self-holding NAV SEL/LAT OFF switch has three positions:

o "NAV SEL" (forward)
o Off (center)
o "LAT OFF" (aft)

In the "NAV SEL" position and with the autopilot engaged, the autopilot flies the
navigation mode that was selected by the copilot (VOR, TACAN, DOPPLER,
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slope function. Selection of YWER NAV" position allows the autopilot to fly the
vertical navigation flight path in much the same manner as glide slope. Selection
of "VER NAV" while in altitude hold function does not cause the ALT HLD/PITCH
OFF switch to drop out until VER NAYV intercept is reached. Then selecting
"ALT HLD" again causes the VER NAV switch to drop out, Returning the VER
NAYV switch to the off position disengages the VER NAYV function,

MACH HLD EL/AWLS Switch

This switch has three positions:

o "MACH HLD EL" (forward)
o Off (center)
‘o VYAWLS" (aft)

Selection of "MACH HLD EL" (autopilot engaged) causes the autopilot to maintain
the selected Mach number by means of a clutched mach synchro in the CADC No.
2. Engagement of "MACH HLD EL'" when in altitude hold causes the ALT HLD
switch to drop out and vice versa. Returning the MACH HLD EL switch to oif
(center position) disengages the mach hold fimction. Selection ‘of the "AWLS"
position may be made with or without the autopilot engaged since an AWLS
approach may be made manually (Flight Director System) or automatically
{Flight Director and Autopilot). This position arms the Test Programmer and
Logic Computer to perform the necessary monitcring for an AWLS approach.

MACH INC/MACH DEC Switch

This switch, which is spring-loaded to off, has three positions:
¢ "MACHINCY ajfcr'.varci)
o C£f (center)
o “MACH DEC" (aft)

This switch is used to give small mach correction (= 0. 05 mach) to the selscted
mach number when in MACH HOLD ELEVATOR function.

"CWS" (Control Wheel Steering) Switch

This is a two position toggle switch with off being aft, and "CWS" forward.
Selection of the "CWS" position allows small forces, (2.5 pounds) applied to the
pilot's control wheel to command changes of pitck or roll attitude of the aircrait,
Returning the CWS switch to the off position disengages the control wheel steering
mode.
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Pitch Knob

As shown in Figure 9-2, the control panel also contains a pitch knob to command
pitch attitude changes when in the basic autopilot mode: The adjustment is made
by rotating the thumbwheel either fore or aft. This knob has no authority when
any pitch mode of the autopilot is selected.

TURN Knob

The TURN knob provides turn (roll) commands when the autopilot is engaged.
The knob rotates left or right and at its limits commands a bank angle of 38
degrees. This control has authority over any lateral mode selected.

Servo Effort Indicator

This i:anel contains YAW, aileron (AIL), and
elevator (EL) servo effort indicators plus four YAW AL

autopilot system indicators as shown in Figure
9-3: A/P OFF, NAV OFF, G/S ARM, and .“ B
G/S OFF warning lights,

Yaw Trim Indicator LA/P OFF|1G/3 ARM|

[(NAV OFF] [G/S 0FF]

This unit indicates the amount of servo effort
being applied to the rudder power pack when the
w damper system is engaged, It is a dual
indicator since there are two separate and - AAA A=At A
independent yaw damper servos. Deflection of FIGURE 9'3‘. AFCS SERVD
the indicators is left or right (about a center EFFORT
reference point) depending upon magnitude and TNDICATCR PANEL
direction of servo movement.

e laa N Ty v b«
AR XY bbbl ¢ ad
aberon Trin Indicatos

"‘?" ‘mit {ndicates amount of servo effort heing applied to the aileron servo when
Lo autepicii is anmaged. Ledacticn of (ke indizator is cleclavise or counter-
clockwise (center pivot point) depending on magnitude and directicn of servo
movement. Reference points (two) cf the indicator are on the outside edge of the
torizontal zilerom bar. Ifthe autopilot is engaged, "LAT OI'F" selected, and the
aileron clutch has been disengaged, the aileron trim indicator does rot normally
move since that axis has been disengaged; however, since the servo motor may
5til) e displaced, some moverent of the indicator may be noticed.

Elevator Trim Indicator

This unit indicates the amount of servo effort being applied to the elevator servo
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when the autopilot is engaged. Deflection of the indicator is up or down from a
horizontal reference mark on the right side of the indicator depending on
magnitude and direction of servo movement. If the autopilot is engaged and
"PITCH OFF" selected, the elevator trim indicator may be displaced as
described in the previous paragraph.

A(P OFF Li@

This amber light comes on when the autopilot is disengaged by any means other
than the control wheel disconnect switches, which are the normal means of
disengag:lng. When the light comes on, if either disconnect button is depressed,
the light goes out.

G/S OFF Light

This amber light comes on should the glide slope mode be selected, and a mode
switching malfunction occurs such that the G/S switch on the autopilot control
panel does not return to off,

NAV OFF Light

This amber iight comes on if the NAV SEL/LAT OFF switch on the autopilot
control panel is in the "NAV SEL'" position and switching is not campleted to
engage a navigation mode.

G/S_ARM Light

This green light comes on when proper mode switching has occured to engage the
glide slope beam for an automatic fly-down by the autopilot. The light goes out
upon engagement of the flide slope beam.

Two Axis Rate Gvros

There are two gyros installed in each aircraft to meet AWLS requirements. They
provide roll rate to the aileron computer, pitch rate to the elevator computer,
and roll and pitch rate to the R/GA computer.

Vertical Gvro

Although this gyro is called the autopilot vertical gyro, in the AWLS it is known
as Vertical Gyro (VG) No. 3. It is self-contained having its own power supply,
interlock, and provisions for roll and pitch erection cutout. Outputs of the gyro
are roll angle and pitch angle which are supplied to the ISS input of the TPLC,
This input, along with the two inputs from two flight director MD-1 vertical gyros,
is supplied to the ISS circuit of the TPLC where the ISS selects the intermediate
signal of the three roll and pitch attitudes. The TPLC then routes this signal to
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all using systems. Roll attitude is sent to the aileron computer, and pitch
attitude is sent to the elevator computer. Another output of VG No. 3 is roll

angle versine (1-consine of roll angle) which is sent directly to the elevator
computer,

e

Pilot's Control Wheel Hub and Sensor

These units provide roll and pitch commands to the autopilot by means of an

electramagnetic transducer within the pilots (L~H only) control wheel. The CWS
mode is selected on the autopilot control panel.

Aileron and Elevator Servos

These units are ac split-phase motors having reduction gearing, a tachometer
generator, a synchro position transmitter, and an electromechanical clutch.

Positioning the servo motor causes appropriate deflection of the respective
control surfaces.

Coupler

The autopilot coupler, shown in Figure 9-1, contains separate pitch and roll
channels,

Roll channel input signals follow:

o No. 2 C~12 Gyro Heading

o Preset Course and Heading from No., 2 HSI
o No. 2 VOR and No. 2 TACAN

o ASN-35, ASN-24 Deviation

o No. 1 and 2 LOC Deviation

o Radar Altitude No. 1 and 2 from TPLC

o  Roll Attitude from TPLC (ISS 2 and 3)

These input signals are processed by the coupler (depending upon NAV mode
selected) to develop a steering command signal for the aileron computer,

Pitch channel input signals follow:

o No. 2 CADC Altitude Rate, Clutched Altitude and Clutch
MACH

o VER NAV Command

o Flare Error from Flare Computer
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o No. 1 and 2 Glide Slope Deviation
o Vertical Acceleration (AN)
0 MACPF BEEPER fram A/P Control Panel

These input signals é.re processed by the coupler (depending upon mode selection)
to develop a pitch command signal for the elevator computer,

Both channels of the coupler provide dual output signals to the respective com-
puters. Each computer then contains two channels: one active and one model.
During an AWLS approach, the active and model channels aré monitored for
system faults by comparators. The coupler contains eight comparators and two
associated fault lights. The fault lights on the front panel of the coupler are
labeled ROLL and PITCH. These lights illuminate if any of the associated
comparators detect a fault and switch to an alarm state. The comparator fault
logic also goes to the TPLC.,

Aileron Camputer

An ajleron computer, shown in Figure 9-1, processes roll signals from the
coupler, Input signals to the aileron computer follow:

o Roll Rate from No. 1 and 2 Rate Gyros

o Roll Attitude from TPLC (ISS 2 and 3)

o Roll CWS Sensor

o Active and Model Cammands from Coupler

o Turn Knob Signal
Depending on mode of autopilot operation, these signals are processed by the

computer which, in turn, produces four outputs as well as drivirg the control
surfaces. The four outputs are as follow:

o Roll crossfeed (active and model) to the yaw damper computer for
turn coordination when the yaw damper system is engaged.

o Localizer track crossfeed to the yaw damper computer when the
autopilot is tracking the localizer beam (for flat turn control).

o Roll Command to the flight director No. 2 for display and AWLS
approach monitoring,

o Servo effort to the trim indicator.

There are two AWLS comparators in this computer; if either of these comparators
alarms it causes a fault light on the front of the computer to come on as well as
sending this fault logic to the TPLC.
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Elevator Camputer

An elevator computer, shown in Figure 9-1, processes pitch signals from the
coupler. Input signals to the elevator computer follow:

o Horizontal Stabilizer Position

Pitch Rate from No, 1 and 2 Rate Gyros
Pitch Attitude from TPLC (ISS 2 and 3)
Band Versine from VG No. 3

Pitch CWS Sensor

Active and Model Commands from Coupler
Pitch Knob Signal

Flap Position

© 0O 0 0o o o o

Depending on the mode of autopilot operation, the elevator computer processes
these signals to produce four output command signals as well as driving the
elevator control surfaces. These four outputs follow:

o Up and down stabilizer irim to the Lorizontal stabilizzr actuator,

o Up and down stabilizer trim cut-out to the horizontal staniiizer
actuator,

o  Pitch commaxd to the flicht director No, 2 for display and ~V'LS
approaci monitoring,

o Servo effort to the {rim indicator.

There is an active and model channel in the elevator compurer to provide proper
raonitoring in an AWLS 'ﬂ:':r:.:'.cl.. Toare ar: fwo AWLS emmiaraiizs fnothe

- w1 g6 m v BRIYEN N &g . Cebm ean ey, Fee PR S AR - - e e e re ="
aoan [] (%) L. J-llnﬂc ) . . [ L oo ¥ .

O Aall o arettliv a6 mesv war me wa ceev Fm Vemw M metiidreew w e . aacwmes- sbvru e

Zh ~— o~

s - T : .
either cempaiat or alarms, Tais Iawl ice i3 glso sent (2 e Tril.
metee AT e e
TIIICIY O AU ATION

The overall tie-in of various cirecraft svstems and components !
Figure 9~4. A detailed descriptica >f aute p ilot cperaticn by mods,

Roli Axis
Basic roll stabilization of the autopilet system is shown in Figure 9-5 nnd is
accomplished in the aileron computer. The e’.ectromeca..mcal synearcnizer wis

does not contain any internal position fcedback for its synchro output, Positioning
of this unit and amplitude of its output are determined by external feedback loops.
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Prior to engaging the system, the roll synchronizer, operating through the
pormally closed contacts of the roll engage relay, keeps the roll attitude input
to the preamplifier at a null (junction "AY), It does this since its input signal is
a sum of commands, roll attitude, and the synchronizer output. The synchronizer
then drives until the input to the synchronizer is nulled. The preamplifier in the
servo system (both aileron and elevator) is used for isolation and its output is
routed to the servo amplifier which then drives the ac servo motor. The servo
motor drives a rate generator, whose output is fed back to the servo amplifier
input to properly damp the motor operation. It also drives a Follow-Up
transmitter whose output is added to the other signals at the servo preamplifier
input so that a command results in a predetermined servo rotation and surface
deflection. In the disengaged condition, the servo is not clutched to the surface,
and the output of the aileron position transmitter, which is coupled to the servo
mount drum, is stmmed with the servo position follow-up (junction "D"), Prior
to engagement, both inputs to the preamplifier (junction A" and ""D") are at a
null; The system is therefore completely synchronized., :

When the roll axis of the autopilot is engaged at bank angiés of less than six
degrees (as sensed by the roll signal switch), the synchronizer is allowed to
follow up on its own output through the energized roll engage relay and the
deenergized roll CWS relay. This synchronizer roll-down action, which is
softened by the Full-Time Command Modifier (FTCM), results in the aircraft's
assuming a wings level attitude, since the roll attitude signal is now unopposed
(except by steering commands), and the aircraft is commanded to null the
signals, If the system is engaged at a bank angle greater than six degrees, the
synchronizer is locked, and the bank angle at the time of engagement is held
wntil commanded otherwise.

All roll angle commands are softened by the FTCM introducing them as a
slightly time-delayed ramp. This action eliminates abrupt command inputs and
limits roll rates to 20 degrees per second (maximum) in control wheel steering
mode and 4. 8 degrees per second at all other times. All bank angle commands
are also magnitude limited by the bank limiter which varies the maximum bank
angle according to the autcpilot mode in use.

Basic Aileron Control

Moving the turn knob on the autopilot control panel causes the roll synchronizer
to roll down through the action of switching interlocks if it has not done so
already. It also introduces a bank command signal into the FTCM, resulting in
servo commands, until the . o1l attitude signal and the turn knob signal are at
equilibrium. At which tir-e, the airplane is flying at a steady bank angle
proportional to the versine of turn knob rotation.
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Roll CWS - Cruise

When CWS is selected on the autopilot control panel, the force sensor output
drives the synchronizer at a speed proportional to the force applied to the pilot's
wheel. Bank angle commands are then generated by the synchronizer which feeds
them to the FTCM and limiter. A small part of the sensor output is applied

- directly to the servo amplifier input as an anticipation signal to improve the

response and feel of the system. When a desired bank angle is reached and the
force is removed from the control wheel, the synchronizer locks if the bank
angle is over three degrees. This action causes the aircraft to remain at that
bank angle until opposite force is applied or the turn knob is moved out of detent
(turn knob having more authority than CWS). If control wheel force is removed
at a bank angle of less than three degrees, the synchronizer rolls down, leveling
the airplane, and the heading hold mode automatically engages.

Steering nputs

All steering inputs to the aileron computer from the coupler are added to the signal
chain. These inputs command aileron deflection to roll the aircraft in the
appropriate direction until the steering input is nulled by the other signais ix the
signal chain, which, on a steady state basis, consists of roll angle signals only
(with the exception of CWS in the LOC mode). Thus, the airplane assumes a

bank angle that is proportional to the steering command up to the applicable

bank limit, It assumes this bank angle at a rate not exceeding the allowable

ramp rate from the FTCML.

Lateral Axis Modei

All significant portions of the lateral axis used in AWLS are duplicated by
functionally identical parallel circuits. These circuits utilize independent
sensors, and the outnut of the medel channel is menitored L o ¢ :mzarator,
Tigure 9-5 shows the roll model channet with all necessar: inputs, Tiiz s2rvo
mocel is an electromechanical device simulating the dynamic and static
zharacteristics of the ail:ren servo. A position asswmed by the szrvo mod:l
foliow=-up closeiy corrcspcads to that of the acweal alleren servi, TlL2 oomira-
rator {(C2) monitors the two signals and ‘vill alarm if they do nct agree within
reasonable tolerances., Rceil CWS is monitored by comparater €3, wkich alarms
if the signa!l leve! exceeds the maximum sensor output of 0, 50 volt plus tolerance.
No attempt is made to provide periormance monitoring of the CWS3, since
significant degradation of performance is apparent to the user. These compa-
rators cperate full time, However, the logic, which interprets th: comparators
cutput and the automatic disengage of functions, is contained in the TPLC, and

is not armed until APPR ARM, Thus, prior to APPR ARM, the autopilot is not
inherently fail-safe, and the normal servo torque limiting is the only absolute
protection provided. This comparator operation is true for all the comparators

in the autopilot system.
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Coupler Steering Inputs

Steering signals are computed in the coupler and sent to the aileron computer
through a mach gain adjustment in the No. 2 CADC. As shown in Figure 9-6,
this gain adjustment is arranged to provide low gain at low speed and high gain
at high speed, which causes the turn rate to be proportional to the error signal
over the entire aircraft speed range. When LOC mode is engaged, the mach
gain adjustment is bypassed.

Heading Hold Mode

Heading hold mode is the primary directional mode of the autopilot. However,
NAV SEL, CWS, and turn knob controls are provided. Prior to engagine, the
A/P DET MAN relay is deenergized (heading hold disengaged), and the compass
synchronizer is operating as shown in Figure 9-6. When HEADING HOLD is
engaged, the DET MAN relay energizes. The compass synchronizer output is
phase-shifted, amplified, and routed through No. 2 CADC mach gain adjust to the
aileron computer.

. ye \
NAV SEL Modes NAVIGATION SELECTOR [7=)' CRNAY oN
[ COMPUTERS - APPR  EDG C"?I’%T

The pushbuttons on the NAV DoP Y =T
covilot's navigation ‘ ¥2£R: @ ;\f’ )
selector panel, as ‘ Iy
shewn in Figure 9-7, ASN-24  ASN-35 NORM WAY
perform A/P mode TAC-2 VYOR/ILS-2 NHAY-OFF ADI =g°
et = R o FR 7k
switchiing when the ‘S O 7 /\,

- v \\./,J N\
PADG Suhucq‘ /\:A" ¥
switch 1s in the "NAVY
position or when the  FIGURE §-7, COPILOT'S MAV SELIZTIR Piuii
NAV SI.‘.I../LA CFF
swizeln is inthe "NAV
AL mcaiilon, slzies Tl mar he gelocied on tae nacizoliln sulll g R
TOO-LLE. TACZAN, ASN=3E, and ASN-24, Therd (s no abl Hllor it o an 3 doatil

writh Lo ADI AT P (ADI Repeat) buiton

EL‘ Cobota ns o D(al:.:‘nh -\a L2
Vien we :;DG S'c.' SCT/NAV switeh i3 fnn the WHDG SELECT sositicn, ko ITDG
SZ L relay in Figure v-8 is energized, which gllows a magnetic resding to he

preselocted on tn cogilot's HSI. Heading signals from a differenual sinchoo in
the H3I produce an error signal that is proportional to the ¢ilferince berween
gseleewed heading wnd actuul heading, This is used as a heading holl signal and
commands the aircraft to turn to, and hold, the preselected heacinz The Pre-
Select Heading (PSH) may be changed by moving the HEADING SET kaob on the
HSL

-

VOL. IX 9-15



NAV OFF

When the "NAV OFF" button on the navigati'on selector panel is pushed, the NAV
SEL/LAT OFF switch on the autopilot control panel returns to the center
position if it is in the *NAV SEL" position. . If this switch is moved to the "NAV
SEL' position when the "NAV OFF" button is pushed, the NAV OFF light on the
autopilot &rim indicator panel illuminates,

VOR~Tacan

Although selected separately and utilizing separate beam displacement inputs

VOR and Tacan modes are identical within the autopilot. To engage either mode,
the appropriate receiver tuning must be accomplished, the desired radial selected
(COURSE SET knob on the HSI), and either the VOR or Tacan button on the
copilot's navigation selector panel must be pushed. A dc signal proportional to
the beam error is the output of the selected receiver and is measured as the
difference between aircraft bearing to the station and the desired track bearing.
This beam error signal is introduced, as shown in Figure 9-6, througha
desensitizer, which has a gain of one at this time, to the modulator limiter,

Here, it is gain-adjusted and smoothed by the data filter (lag filter with a 15-
second time constant) and is added to the PRE-SET course signal in the modulator.

The track mode is established when beam displacement error is less than 12
millivolts, and the course error is less than 17,5 degrees. When the beam
displacement error is greater than 12 millivolts and the course error is greater
than 17. 5 degrees, the PRE-SET course washout circuit is not a washout.

When the two requirements are met, as sensed by the PRE-SET COURSE signal
switch and the beam signal switch, the 90-second washout is activated. Steady-
state course errors are reduced to zero by the washout which allows the aircraft
to assume whatever heading is necessary (crab) to hold beam center. ‘Vhen the
aircraft is flying a course to intercept the beam, initial engagement cccurs at

75 millivolts {1 dot on HSI) displacement.

Over-station beam sensing is provided to prevent erratic maneuvers when tke
aircraft is in the cone of confusion. If, when in the track mode, teamn disticce-~
ment is in excess of 65 millivolts, (less than one dot displacement on HSI), logic
changes the gain of the amplifier from 1.17 to 0.164, The aircraft now follows
the erratic beam very slowly due to the data smoother and the very low gain with
a small bank in one direction and a small bank in the opposite direction. Thus
the aircraft leaves the cone of confusion reasonable close to the beam center.
When the displacement is less than 65 millivolts for 15 seconds, the amplifier
gain returns to normal and station passage is considered completed.

ASN-24 and ASN-35

Both of these modes are identical within the autopilot system. They are similar

S 4
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to the VOR/Tacan modes in operation except for the following differences:

o Initial engagement occurs at 2.3 miles crosstrack (1 1/3 dots
on the HSI).

o Course washout criteria are 2,5 miles crosstrack and 17.5
degrees pre-set course error.

o There is no over-station sensing in the ASN-24 or ASN-35 modes.

BSI and NAV SEL Slaving

Since the autopilot signals are from the copilot's sensors, the copilot's navigation
selector panel normally controls autopilot switching, However, for the conve-
nience of pilot operation, a No, 2 HSI heading and course set switch has been
installed. When this switch is in the "SLAVE" position, the HEADING SET and
COURSE SET functions of the copilot's HSI are slaved to the pilot's HSI. Thus
the pilot may select course or heading inputs to the autopilot by means of his HSI.
This action drives the copilot's HSI and changes the signal inputs to the autopilot.

As a further convenience to the pilot, when the HSI No. 2 HEADING and COURSE
SET switeh is in "SLAVE," the HDG SELECT/NAV switch on the pilot's
navigation selecior panel operates the autopilot switching: Pushbuttcn selection
of the autopilot NAV modes remains on the copilot!s navigation selector panel at
ah times, When both VHF NAV receivers are tuned to 2 LCC frequency ard the

/u.S button is pushed on both navigation selectcr panels, the HSI SLAVE
:.!.:'.ctzc. is autamaticalilr accomplished.

Tris mcde i3 initi :cc’. by selecting the proper LOC frequency, selecting the

nhoung ':.:.'z'.'.':j diag cn the HSI, pressing the VOR/ILS button on the nzvigation
Loigerar ranall ;,3'.*.:'.'::;,‘ 13 huq S" LECT/NAV switeh to the "NAYY rosiica, and
ALl e s T 2L sveitel en the awtopilol contrel panel,  Auton it L e -:'.odc
T CUZALCS L ULl LG bf"'n rror is Ie% han 173 millivolis (slightly over 2 dots
to ol AN, A ihovmoon Tigure 9-5, the LOC input signal is routed te th
FESASSAN. LS lnoTudltod. as :.;'..'1..;;:. of rodor aititude . v a mainood

Iariintjecitoa ga;n of 0.5 at 0,0 feet. Desensitized LOC beam dispiacement
Sigmnl 13 then apuiiad te the modulator limiter circuit, after which it is gain
nojasied, bhvnasser the anplificr and lag circuit (data smoother), and summed

with iae ;res-: coirse siznal in the modulator, Washout of the preset course
signal dces nci occ.a' unti! the 75-millivolt and 17, 5-degree course :wn.;. Sensors
are saticfied, “2aen ihe preset course is allowed to washout. the aircrait assumes
Re tourss rodn ":u.. to irack the beam center. At thirty seconds afte gh' ¢ slope
engage {or at approach arm when the monitor system is used), the washout pre-
set course signal is greatly reduced in gain, and bank angle signals are routed to
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the data smoother resulting in a lagged roll signal output which is used for
primary beam damping. Using very low gain in the washed out preset course
signal greatly enhances the system's capability of handling changing atmospheric
conditions with minimum beam displacements and adequate lateral dumping is
provided by the lagged roll.

A relatively low speed, low authority integration is also used to provide control
of system nulls and offset errors that might arise as a result of roll error
inaccuracies, which are magnified by the lagged roll circuit, This integrator is
a purely electronic device and keeps itself synchronized when not in use, It
provides the final degree of control required to agssure that consistent perfor-
mance to touchdown, close to beam center, can be achieved.

Roll CWS Approach

Roll CWS is operative in the LOC mode when the CWS switch is on. When a
force over 2.0 pounds is applied to the pilot's control wheel, a roll command is
generated by the synchronizer proportional to the applied force. The rate of
CWS command available in the LOC mode is somewhat faster than in cruise
since the full rotation of the synchronizer is 60 degrees in the LOC mode and
scaled down to 38 degrees in the cruise mode. In cruise, the commanded bank
angle is held (if greater than 3 degrees) until commanded otherwise, but in the
LOC mode the synchronizer no longer holds command inputs indefinitely but
synchronizes itself through the LOC COUP contacts on release of applied force.
Bank angle commands resulting from control wheel force are not linear due to
the non-linear roll CWS amplifier. A 3-pound force results in a 12-degree bank
cormmand where as a 10-pound force would require a 120-degree command out-
put from the synchronizer, which is in excess of the synchronizer capability.
Heowever, the resuit is that small bank commands can easily and effectively be
held, and yet rzte commands are available with the application of very little
more foooe, Bozk 1lmils in the LCGC mode are 30 degrees in cagture acd 7.5
dagrees in frack, However, when a roll force over 2,0 pounds is azgiied, the
limit reverts to 30 degrees until the force is removed. Tkis gives roil CWS
seomplete autherity in roll throughout the coupled appreach.

Roll Coupler

Inputs arz provided to the roll coupler from both LOC receivers as shown in
igcare 9-6. These inputs are compared by comparator C-14 to ensure that they
agree. Bcth LOC inputs are desensitized in the coupler. These desensitizers
are ncrmally driven by a radar altitude signal; however, if the radar altimeter
output goes invalid, the desensitizers are switched to a time function. Glide
slope gain would then be reduced from 1 at G/S engage to 0.25 after 120 seconds.
LOC gain is reduced from 1 to 0. 45 after 120 seconds. After 120 seconds both
signals remain constant. Outputs of the desensitizers are monitored by C-13
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whose validity output is interpreted in the TPLC, and appropriate action is
taken. : :

The monitored output of one desensitizer is used as an input to two modulator
limiters: one provides signals to the operating channel, the other to the model
chanrel. A roll input (SS 2) which is lagged and added to the beam error signal
is also contained in the model channel. This channel does not include the pre-

" setcourse signal, since the gain of this signal is very low during the final
approach phase and does not contribute voltage in excess of the threshold of
comparator C-9. Summation of the localizer integrator output is done in both
the active ana model signal chains in order to prevent an unbalance between the
two, Integrator monitoring is provided by the summed lead and lag circuits.

The integrator drives at a rate which is proportional to the input signal, and the
lead-lag circuits are used to check this characteristic. The lag circuit, whose
input is common to the integrator, provides an output after the lag time constant
has elapsed that is proportional to the integrator input. This lag is to compensate
for the rise time of the integrator. The lead circuit supplies a derived rate
signal, These monitoring circuits are of relatively high gain so that by inverting
the polarity of the lead circuits and summing the output of the two, a voltage
offering a sensitive measure of integrator performances is introduced to the
signal chain comparator, This arrangement can detect both a runaway integrator,
resulting in a large lead and a small lag ouiput, or in the event that the integrator
is required to perform its function in the circuit, a passive failure, in which case
the lag output is large and the lead output small.

Pitch Axis

The pitch axis provides basic longitudinal stability. augmentaticn and pitck
command control in both manual and automatic modes.

Ditoh Attitude Stahilization

&3 shown in Figure 9-8, the basic pitch attitude stabilization is very similsr te
the roll axis. Prior to engaging, pitch attitude (ISS 2) cdrives the piich syuchro-
alzer in order o keep the input to the servo system at null., Included in the
elevator servo system is the stabilizer trim signal from the etevator servo
amplifier to the auto trim drive unit. When the output of the amplifier exceecs
a predetermined level (6.0 voits nominnl), the aircraft stabiiizer trim svsiom is
commanded to drive in a direction to relieve servo effort.

There is an interlock in aircraft wiring with the stall prevention system which
interrupts the autopilot nose-up trim command in the event that the angle of attack
exceeds the "pre-shaker warning" value, which is two degrees of angle of attack
less than the point at which the stick shaker operates. There are internal inter-
locks with the autopilot automatic trim which are operated as a function of the
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C

force applied to the control wheel sénsor. This action prevents automatic trim
in a direction opposite to applied force over seven pounds. Upon engagement of
the pitch axis, the pitch synchronizer is locked. It does not follow-up to null as
does the roll synchronizer, but rather the aircrait holds the pitch attitude-at the
time of engagement, utilizing error signals of pitch attitude minus synchronizer
output and pitch rate signals from the rate gyro for damping. Roll versine (1-
cosine) up attitude signal from the vertical gyro is added to the synchronizer
output to command nose-up as a function of bank angle in order to increase lift

‘in turns to prevent altitude loss. The versine signal is gain adjusted as a

function of flap position, since the aircraft lift characheristics vary with flap,

Flap Position Signal

Lowering of the flaps increases the lift of the airplane such that it tends to rise
or "balloon'" until the pitch attitude is adjusted to reduce the required amount.
Use of the flap position signal, which commands a change in pitch attitude,
eliminates this ballooning,

Stabilizer Position -

A sigral proportional to stabilizer position is added to the signal chain to provide
compensation for automatic trim changes at high speeds. At low speed, this
signal is not required, and at flap extension the signal is removed slowly by
means of the easy-off circuit,

Cruise Pitch CWS

When a force is applied fore or aft on the pilot's control wheel (CWS switch on),
the pitch force sensor develops a signal and, if the force is in excess of 2.5
pounds, pitch CWS is switched in which drives the pitch synchrenizer through
the CWS amplifier. When the force is released, the synchronizer motor
exciiation is removed, thereby stopping it at that position. Since the control
wheel sensoyr input to the synchronizer is not opposed by any positicn inguts in
wis mode, the synchronizer continues to run at a speed proporticaai to the
applied force as long as the force is applied and the commanded aitude wken the
force ls released is tho pitch attitude which the system holds.

Pitck Axis Model

As shown in Figure 9-3, the pitch model channel uses separate sensor inputs as
well as a separate integrator which, due to the differences in the two signal
chains and the difficulty in achieving identical integration characteristics from
two separate integrators, has a rather involved implementation, Inputs to the
mode! integrator are determined by the state of the G/S switch input. Prior to
glide slope engage, the input to the integrator is a summation of point A in the
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active signal chain, and point B in the model signal chain, with the integrator
output used as a negative feedback. When glide slope is not engaged, the
integrator speed is increased so that it functions as a synchronizer. Point A

in the active signal chain consists of all signals except pitch angle and pitch rate;
the same is true of point B in the model signal chain. These two signals should
be identical. However, if the follow-up signal of the elevator servo is not at
null when the elevator is in the detent position, the active chain is required to
provide an error signal to drive the elevator servo follow-up to a position
corresponding to the detent position of the surface. (Stabilizer position signal
may be ignored since only a flap-down condition is under consideration.)
Although subtracting signal A from B should result in zero, in practice it may
not, and the model integrator then supplies an error signal (identical to that
present in the active signal chain) to null the input to the integrator. This
action drives the servo model output to a signal corresponding to the active
servo position signal, When the glide slope mode actually engages, the input to
the model integrator is routed to the equalizer limiter circuit, which limits the
signal to the equivalent of 0. 25 degrees of pitch, Thus the synchronization
process continues after the glide slope mode is engaged, but the synchronizing
input voltage to the integrator is limited and integrator speed is reduced as well,

Thus any large signal change at point A results in 2 comparator alarm, but small
differences between points A and B cause the model integrator to make up the
difference in the model signal chain, In the event of a ''slow over" in the active
integrator or any other point in the active signal chain, the aircraft is driven

off team center and the error input from the coupler exceeds the equalizer
limiter output, thus it prevents the synchronizaticn process, anc results ir an
eventual disagreement between the active and model signal chains and subsequent
comparator alarm.

Altitude Hold

Allitude hold is s2iected by pilacing the ALT ELD/PITCE OFF switch on the
autopiict controi paxzel to the "ALT ELDM position. in this mode the pitch knob
is declutckes from the potentiometer so that it can be turned freely without
chongivg piteh attituda, Barcometric altituze Zrom No. 2 CADC, as shown in
Figure 9-9, is now clutched~in, and deviaticns from that aititude resuit in signai
cutput. Tkis output is adjusted as a function of True Alrspeed (TAS) and then
ased to change the pitch attitude to retura the aireradt to tze reference altitude.
After the TAS gain acdjustment of the altitude signal, the altitude rate signal
provides damping, allowing high gain to be used withcut inducing cscillation.
‘Wken ALT ETD (as well as other pitch moedes) is engaged, the pitch integrator,
as shown in Figure 9-8, comes into operation. It is an electromechanical device,
without position feedack, which drives at a rate proportional to the applied input
signal until the signal is removed. This signal, being the coupler altitude error,
is the input to the integrator. In modes that do not use the integrator, the fixed
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phase is removed from the motor thus preventing it from driving. When the
pitch axis is disengaged, a centering clutch restores the integrator to-its null
position,

Pitch CWS is locked out in the ALT HLD mode, while roll CWS may be used,
Engaging the MACH HLD EL mode causes ALT HLD to disengage.

Mach Hold

Moving the MACH HLD EL/AWLS switch on the auiopiiot control panel to the
"MACH HLD EL" position engages the mach hold mode of the autopilot. In this
mode, the pitch knob is declutched and the clutched mach synchro in No. 2
CADC is clutched in, which supplies a signal proportional to changes in mach
number from that at which the mode was engaged. It is not necessary to adjust
the mach signal as a function of an air data parameters since its use is intended
for cruise only. The pitch integrator is utilized in the same manner as in ALT
HLD mode. Control wheel pitch forces in excess of 2, 5 pounds causes the mach
mode to disengage. Engaging ALT HLD causes MACH HLD EL to disengage,

VER NAV Mode

The VER NAV mode couples the autopilot to fly the VER NAV path computed by
the VER NAV system., This mode is ""armed" when the G/S/VER NAV switch is
placed to "VER NAV," and the computer (located at the navigator!'s station) is on,
but the point at which the maneuver to intercept the selected path is initiated bas
not been reached. During the armed phase, the autopilot system (pitch) remains
in the mode selected prior to VER NAV. If ALT HLD or MACH HLD is engaged,
it remains engaged until the VER NAV maneuver is initiated, at which time the
conflicting switches return to the off position. The VER NAV signal is switched
into the signal chain in the autopilot coupler and commands appropriate pitch
attitude changes to acquire and fly the selected angle, as well as flare to and
bold the terminal altitude. When the terminal altitude is reached, the autopilot
VER NAV ALT HOLD switches are energized, which bypasses the normal auto~
pilot ALT HOLD mode switches to provide altitude error and altitude rate signals
to the autopilot. In the elevator compuler, the pitch integrator is in operation in
the VER NAV mode to provide the large steady-state pitch changes required to
accomplish the necessary maneuvers. Since different gains and integrator rates
are required in various phases of VER NAV operation, switching functions are
provided to change the gain as a function of VER NAV track and VER NAV altitude
" capture. There are no interlocks between the VER NAV mode and the lateral
axis, which allows the pilot to tilize any lateral control, including roll CWS,
even though it is intended that the VER NAV flight is accomplished essentially

at wings level. Pitch CWS is locked out when the VER NAV mode is engaged.

If ALT HOLD or MACH HOLD are selected, while tracking a VER NAYV {light
path, the VER NAV mode disengages.
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Automatic Glide Slope

To arm the autopilot system to fly the glide slope, an ILS frequency must be
selected on the receiver, the VOR/ILS button on the navigation selector panel
must be pushed, and the G/S/VER NAV switch on the autopilot control panel
must be in ""G/S" before mode switching can be completed. This action is
ordinarily accomplished while flying at a constant altitude under the glide slope
beam. At this time, the green G/S ARM light on the autopilot trim indicator is
on indi¢ating completion of cockpit switching and a reminder that the aircraft
automatically flies down the glide slope when beam center is intercepted. Upon
engagement of the beam, the fly-down command is initially softened to smooth
the change in pitch attitude and the G/S ARM light goes out. Desensitizing the
glide slope signal is accomplished in the same manner as the LOC signals, with
changes from a gain of 1.at 1000 feet to 0.25 at 75 feet, to 0.0 at 50 feet. ]n the
elevator computer, the pitch integrator is in operation the same as in previous
modes.

Additional damping in the glide slope mode is provided by normal acceleration
(AN) signals. A 1l-g (normal gravity) output of the accelerometer equals §-volts,
A bias is provided such that the summation of the accelerometer signal and the
bias varies about zero volts. This signal goes through a long time-constant
washout to-eliminate any steady-state error, is lagged in a 5~-second lag circuit,
and summed with the glide slope signal. Engagement of the glide slope beam is
subject to the following requirements:

o An ILS frequency must be selected on the copilot's navigation
receiver, ‘

o On the copilot's navigation selector panel, the VOR/ILS button
must be depressed and the HDG SELECT/NAV switch must be in
the NAV position.

g  Glide slope rleviation creuter than 30 millivolt in either <irection
must be encountered, fcilowed by acviation less than 20 millivalt
fly-up or some deviation fly-down., Pitch CWS may be used in
the glide slope mode.

Pitech CWS - Glide Slope

When the CWS switch is turned on, the clide slope mode is engaged, and pitch
CWS may be used to alter the commanded pitch attitude. Pitch atritude changes
proportional to applied force up to approximately 12 degrees at 10 pounds may
be made, but the pitch synchronizer, which is used in the cruise pitch CWS, is
not used in the glide slope CWS. An electronic lag circuit with appropriate gain
and 3. 5-second time-constant is used instead, as shown in Figure 9-5. An
attitude change remains ounly so long as a force is applied to the wheel, and the
autonilot commanded attitude is assumed upon removal of the force. Pitch CWS,
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as used in the glide slope mode, is to assist in smoothing beam irregula.ritieé .
or to reduce the effects of a noisy beam.,

Flare Mode

In an AWLS configuration, the autopilot flare mode may be used. One flare
computer provides dual flare signal inputs to the coupler, Figure 9-9 shows the
altitude rate error signal from the flare computer as the input to the flare
synchronizer integrator. Prior to flare engage, the device is operating as a
synchronizer and keeps the input to the unsymmetrieal limiter at a null, At
flare engage, the synchronizer is converted to an integrator, and the input is
the flare error signal, This error signal is routed to the elevator signal chain
(the pitch integrator is locked during flare). Thus a combination of flare altitude
rate and integrated flare altitude rate command inputs to the elevator. These
signals are routed through the unsymmetrical limiter, which allows nose up
commands only, to be applied to the elevator axis. Normal acceleration signals
remain in the system during flare, and glide slope CWS may be used.

Pitch Coupler

In Figure 9-9, the pitch coupler receives glide slope signals in a manner similar
to LOC in the roll coupler; however, the pitch coupler contains three desensi-
tizers. Desensitizers No. 2 and 3 both receive No. 2 G/S signal. Desensitizer
No. 2 drives No. 2 flight director, and No, 3 desensitizer output is used by the
active and model channels. Desensitizer No. 1 receives No. 1 G/S signal, which
is used by No. 1 flight director.

The outputs of all three desensitizers are eross-compared by comparators C-15,
C-16, and C-17 which provide adequate information to the TPLC to identify a
faulty desensitizer, There is a normal acceleration signal input to both the
active and model signal chains that is summed with the glide slope signals, and
flare outputs are compared at C-19 after which the active signal chain is routed
to the elevator computer.

Eneaze Interlocks

Requirements for initially engaging the autopilot follow:

a. All autopilot circuit breakers must be closed.

b. Autopilot computers must be installed.

c. Disconnect switches on the control wheels must not be depressed.
d. The go-around switch on the control wheel must not be depressed.
e. No. 2 CADC must be installed.
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f. Aircraft dc power must be available.
g. Turn knob in detent.

h. NAV/SEL/LAT OFF switch centered.
i. Aileron computer B + supply adequate.

jo Automatic trim not calling for up-trim and down-trim at the
same time,

k. TPLC must be installed and ISS attitude output valid.
1, Power available to electric pitch trim system.

m. Elevator computer B + power available.

n, Autopilot engage switch to "AUTOPILOT. "

When the NAV SEL/LAT OFF switch is in "LAT OFF," requirements g, h, and
i do not apply. The autopilot can also be-initially engaged with one or niore of
these requirements missing if the switch is held to "LAT OFF" while engaging.
Wken the ALT HLD/PITCH OFF switch is in "PITCH OFF," requirements j, k,
and 1 do not apply. Holding the switch in "PITCH OFF" while engaging the auto~
pilot eliminates these requirements cn initial engagement.

Mode Switchine and Cofnpatibilitv

Some, but by no means all, mode switching and compatibility has been previously
mentioned, Figure 9-10 skows a more comprehensive picture,

Disccnnect Logic

The servo clutch wires ura routed through the TPLC. Prior to AFPR AR, the
clutch power cannot be inferrupied in the TPLC and the autopilet crorntes
nermally, even though comparators alurm, which they de, becausze thoe mcls
¢ircuiis are in the LCC confisvration and the vrast of the systen {5 act. U
activation of the AFTR ARLI :unciicn in the TPLC, approgpriate axes < ths
milet are disenmaged a3 o oresult of cominarat. s alamms, Inothe evont thar oot
toe roll and pitch axes of the autopiiot are cutomatically diseagaged, e auiz~
pilot engage logic is interrupted, and the ATTOPILOT engage switch falls tc 2e
oIl position,

!
3
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FIGURE 9-10. AWLS/AFCS MODE SELECTION CHART
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TEST PROGRAMMER AND LOGIC COMPUTER (TPLC)
AND MASTER CAUTION SYSTEM

TEST PROGRAMMER AND LOGIC COMPUTER (TPLC)

The Test Programmer and Logic Computer (TPLC) integrates the AWLS
components into a useable coherent system by providing failure monitoring

~ and ensuring additional relixability of the aircraft attitude signals. In

addition, the test programmer guarantees internal and AWLS subsystems
functional integrity.

Aircraft Installation

The TPLC is located in the left-hand avionics underdeck rack as shown in
-Figure 10-1, Power is supplied by avionics bus No. 1 through two 5-amgere
circuit breakers. Interface with other AWLS components is provided by
four rectangular plugs at the rear of the shock mount, Two plugs on the
front of the TPLC furnish external connections for line test equipment.

System Operation

The TPLC is operabl: upon application of aircraft power and actuatior of

the AWLS arm switch on the AFCS control panel. Gyro processing and

some f{oult monitoring functions are available if these conditions are met,
Full-time fault monitoring becomes active once the approach ar: milestons
ci an AWLS approach is met, During either 2 manual or automusic approuca,
the TPLC guards against an undetected failure by identiiving the discrepai:
condition on the fault identification panel. At the same time, each event

o. the approach appears on the flight progress display pancl,

In order to ensure fault-free operation, an enroute test is performed
during the preflight checkout and prior to descent to approack al:itude.
Command for the enroute test originates at the AWLS test panel on the
center instrument panel.

Pressing the AWLS test command pushbutton switch sets the enroute test

sequence in progress and also illuminates the AWLS, Flight Dircctor 1,
and Flight Dircctor 2 TEST in-progress lamps. During the enroute test,
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the navigation and attitude signal paths are checked by injecting test signals
generated by the TPLC and verifying a proper response. At the same time,
approach events are simulated and the associated lamp on the flight progress
display panel announces the test progression. Upon successful completion of
an enroute test, all flight progress display, AWLS, Flight Director 1, and
Flight Director 2 TEST in-progress lights go out, and the test RESET light
comes on. If the RESET light fails to come on at this time and one or more of
the fault lights illuminate, the aircraft is incapable of accomplishing a category
I automatic approach.

Specifications

The TPLC contains low-power, highly reliable diode-transistor micro logic
integrated circuits. These circuits are moulded into sealed modules which
provide normal performance under varying environmental conditions, The
NAND gate is most frequently used in the TPLC because of its high power out-
put characteristics., The logic circuitry in Figure 10-2(A) shows two NAND

~ gates and the equivalent "AND" gate.

-

equivalent gates | expander gates
. a
e=ab e |
L/
2
N\ e T
f=za b ¢ ¢ =z
S| ) ¢
A B

FIGURE 10-2, LOGIC SYrBOLS

Figure 10-2(B) illustrates an expander gate frequently employed to hardle
multiple logic inputs. A logic 0" represents a voitage level near zero while
a logic 1 represents a voltage near positive 5 volts. A driver is often used in
the cutput of a gate to increase the level of logic 1 fram zero through 5 volts to
zero through 28 volts,

L1}
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TPLC Abbreviations*

The following symbols and abbreviations are peculiar to the TPLC and are
listed for reference.

AA S Approach Arm

"~ CLK Clock
DGF Double Gyro Failure
FIP Fault Identification Panel
FLAG Fail-Safe Latch and Gate
FPD Flight Progress Display
ISS Intermediate Sigx;al Selection
LA ~ Land Arm
LVFF Lateh Verify Flip Flop
MCS Master Caution System
PM Power Monitor
STA Strobe A
STB robe B

(*A compiete list of all abbreviations and symbols is shewn at the end ¢f
this volume.)

Validity Svmbols

The foilowicz symbols represent logic iaputs frem AWLS subsysierms ooz

witk the T2LC's own menitoring logic.

Validity 1 is {ram comparator C-1 in the yaw damper computer, Tins
comparator senses the two (2) roll-crossieed inputs from the A2
aileron computer.

o

b. Validity 2 is from comparator C-2 in the aileron compuier. This
comparator senses the active and model aileron servo positicns.

Continued
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Validity 3 is from comparator C-3 in the aileron computer, This
comparator compares the roll CWS sensor input to the A/ P aileron
computer against a fixed voltage. :

Vaiid.lty 4 is from comparator C-4 in the elevator computer. This |
comparator senses the active and model elevator servo positions.

Validity 13 is from comparator C-13 in the autopilot coupler. This

comparator senses the outputs from the active and model A/P

. localizer desensitizers which are in the A/P coupler.

Validity 14 is from comparator C-14 in the A/P coupler. This
comparator senses the outputs from the No. 1 localizer radio and
No. ‘2 localizer radio amplifiers which are in the A/P coupler.

Validity 15 is from comparator C~15 in the A/P coupler. This
comparator senses the outputs fram the pilot (No. 1) and copilot (No. 2)
glide slope desensitizers which are in the autopilot coupler.

‘Validity 16 is from comparator C-16 in the A/P coupler. This

camparator senses the outputs from the copilot (No. 2) and A/P (No. 3)
glide slope desensitizers which are in the A/P coupler.

Validity 17 is from comparator C-17 in the A/P coupler. This
comparator senses the outputs from the pilot (No. 1) and A/P (No. 3)
glide slope desensitizers in the A/P coupler.

Validity 31 is from the R/GA computer.

Validity 18 is from comparator C-18 in the A/P coupler. This
comparator senses the outputs from the No. 1 glide slope radio and

No. 2 glide slope radio amplifiers, which are in the autopilot coupler.

Validity 22 is from the comparator C-22 in the zileron computer. Ttis
comparator senses the torque capability of the aileron servo.

Validity 19 is from comparator C-19 in the A/P coupler. This
comparator senses the active and model pitch coupler output signals.

Validity 20 is the flare computation, flare engage and land arm validity
which is produced in the flare computer.

Continued
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Validity 23 is from comparator C-23 in the elevator computer., This
detector senses the torque capability of the elevator servo.

Validity 5 is from comparator C-5 in the elevator computer. This
comparator compares the pitch CWS sensor mput to the A/P elevator
computer against a fixed voltage.

Validity 10 is from camparator C-10 in the A/P coupler. This
comparator senses the two altitude inputs from the radar altimeter,

Validity 24 is the radar altimeter validity from the radar altimeter's
R/T unit.

Validity 9 is from comparator C-9 in the A/P coupler. This
comparator senses the active and model roll coupler output signals.

.SVP (Super Validity Pitch) is a redundant pifch validity for the autopilot

pitch channel.

SVR (Super Validity Roll) is a redundant roll validity for the autopilot roll
channel, .

SVT (Super Validity Flare) is a redundant ﬂare validity for the autopilot
flare channel.

RI; 5 validity is from comparator Rl;g in the TPLC. Comparator Rl;s

senses roll signal inputs from the No. 1 and 2 gyros.

Rlyq validity is from comparator Rlyg in the TPLC. Comparator Rlpg
senses roll signal inputs from the No. 2 and 3 gyros.

ey

. vaiidity is from comparator RIya in the TPLC, Comparator Rijj

senses roil signal inputs from the No. 1 and 3 gyros.

-

-aovalilite i3 Ioux cexmparator Plis in the TPLC, Comparater PIa
.:.enses pitch signal inputs from the No. iand?2 gyros.

Pisg validirv is from comparator Plgg in tke TPLC. Comparator Plsg
senses pitch signal inputs i-am the No. 2 acnd 3 gyros.

P, 5 validity is from comparator PI; 4 in the TPLC. | Comparator PI, 4
seases pitch signal inputs from the No, 1 and 3 gyros.

Continued

10-5



RO; 5 validity is from comparator RO, 5 in the TPLC. Comparator RO;o
senses ISS roll signal outputs from the No. 1 and 2 ISS circuits,

ROyq validity is from comparator ROy in the TPLC. Comparator ROpg
senses ISS roll signal outputs from the No. 2 and 3 ISS circuits.

ﬁola'Validity is from comparator RO, 5 in the TPLC. Comparator RO, 4
senses ISS roll signal outputs from the No. 1 and 3 ISS circuits.

PO;g validity is from comparator PO;5 in the TPLC. Comparator POjs
senses ISS pitch signal outputs from the No. 1 and 2 ISS circuits.

POgyg3 validity is from comparator POyg in the TPLC. Comparator POgg
senses ISS pitch signal outputs from the No., 2 and 3 ISS circuits.

PO; 3 validity is from comparator POy3 in the TPLC. Comparator PO;3
senses ISS pitch signal outputs from the No. 1 and 3 ISS circuits,

ADL T is the validity output from the No. 1 ADI roll attitude monitor in
the TPLC. .

AD]; P is the validity output fram the No. 1 ADI pitch attitude monitor in
the TPLC. :

ADLR is the validity output frem the No, 2 ADI roll attitude monitor in
the TPLC.

ADL P is the validity output from the No. 2 ADI pitch attitude monitor in
the TPLC.

2wr Mcng [s the power monitor in the TPLC.

Z i3 the validity output (power monitor) fror- the No. 3 gyro (A/P gyro).

Theory of ration

Basic Functions

The TPLC can be broken down into four basic elements as shown in Figure 10-3:

The vertical gyro signal processing section
Monitoring logic section

Flight progress and AWLS switching section
Test programming seci;ion

"0 O O
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- FIGURE 10-3, TPLC BASIC FUNCTIONS
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The vertical gyro signal processing section consists of two channels: roll and
pitch, which receive signals from three separate vertical gyros. An ISS circuit
selects the intermediate or median of the three input signals and provides this
intermediate signal to AWLS using components. Monitoring logic prevents an
undetected failure from jeopardizing a successful AWLS approach. The ADI
attitude and accelerameter analog monitors compare the input voltage level
against an established level. Any extreme deviation yields an alarm logic signal
output. Each component necessary for either manual or automatic AWLS
approach is monitored by the TPLC. The warning logic receives validity infor-
mation from the AWLS components in the form of binary signals. Voting logic
interprets these signals in terms of AWLS operability and presents this infor-
mation to the master caution system.

A fault prohibiting an automatxq approach disengages the appropriate control
surface axis. In addition to the warning lights on the fault identification panel,
the indicator panel, located on the front of the TPLC, allows maintenance
persomnel to locate a failed AWLS unit quickly.

The switching section at the TPLC performs the necessary operations to
coordinate an AWLS approach. These operations include localizer antenna
switching, radar altimeter self-test inhibit, flight progress d;splay switching,
R/GA switching, and A/P mode switching.

Aircrew confidence in AWLS components necessitates verification of functional
integrity by enroute testing. Also, a preland test is initiated autamaticaliy af*er
glide slope beam engagement, The programmers consist of shared binary
counters, decode matrix, and program controllers. Programmers gecerate the
test and heal steps used to fault logic chains, disturb navigation and zaltitude
signal paths, and check the TPLC's internal warning logic.

Vertical Cvro Siegnal Precessing - This secticn of the TPLLC providas aciditionsl

reliability by preciuding total loss of Categery I capabilities because of a singie
gyro failure. Loss of one gyzo signal does not affect the validity of the three
ISS output signals.

Gyvro's No. 1 and 2 are the flight director MD-1 displacement gyros, while gyro
No. 3 is commonly referred to as the A/P ve:tical gyro. As shown in Figure
10-4, two of the three gyro input signals are fed into a delta-connected load of
which one element is a transformer primary. Gyvro No. 3 feeds a two-wire
signal directly into the properly loaded transformer primary. Signal isolation
and impedance matching are provided by the coupling transformer -and unity gain
amplifiers. The output of each amplifier is coupled irto two of thrze gyro input
comparators. Comparator alarm occurs if signal differential is greater than
five degrees. Six comparators are used to detect gyro input deviation since
three comparators are required in both the pitch and the roll channel. Compa-
rator alarm outputs are fed into a binary micrologic circuit which identifies the

o ¢
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gyro causing comparator alarm. The three gyro signals are coupled to
intermediate signal selections where the intermediate amplitude signal is
selected. Each intermediate signal is again compared in case the intermediate
signal selection has blocked or distorted the displacement voltage, or if the
output is overloaded. A deviation of more than 1.5 degrees causes a camparator
alarm and a resultant trip of the TPLC voting logic. Components using the
200-millivolt/degree ISS outputs are shown in Figure 10-4.

The self-test modules are normally off and perform no function except during a
program test. During the programmed test, each of the input lines undergo an
insertion of 400 hertz deviation signals through the self-test modules. A
separate set of testing modules disturb the output comparator signals. This
disturbance causes the appropriate gyro or ISS validity in the warning logic to
fault, If a warning indication fails to appear during test, a memory latch is set
indicating that the comparators are unreliable,

o ISS - Figure 10-5 illustrates one of six identical intermediate signal selectors
used in the TPLC. The phase relationship of the three, 400-hertz signals remains
constant; however, the amplitude may vary according to gyro performance. Each
of the three input diode pairs select the minimum voltage while the three output
diodes select the maximum signal. In Figure 10-5, ISS No. 2 is selected as the
intermediate signal and
appears at the output.
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. are coupled into the monitor, rectified, and compared with the set level. A

voltage less than 16 volts at the input causes a diode to change state. The end

result is a binary 1 output when the comparator alarms., Monitor test is

accomplished by a logic 1 from program control which trips the comparator.
Accelerometer and ADI LO monitoring is provided by similar ac comparators,
the only axception being the trip level. Test signals to the ADI LO monitors are
similar to those used in the vertical gyro section, i. e. a preset voltage is
Inserted into the input line. An alarm appears as a binary 1 output after passing
through a driver stage.

Accelerometer monitors are set at 3. 0 volts except during test when the
accelerameters are torqued to less than 300 millivolts and then allowed to return
to greater than 3 volts. If an accelerometer fails to heal, the comparator trips
and a logic 1 is sent to the TPLC warning logic. Gain change commands are
initiated in the TPLC program control for the 300-millivolts monitoring period.

o Warning Logic ~ Each componént necessary for either manual or automatic
AWLS approach is monitored by the TPLC. Warning logic interprets validity
inputs and translates them into binary "go," "no-go" information.

The monitor logic breaks down into sublogic in accordance with the indicator or
group of indicators that are controlled by the logic, as follows: (Underlined
indicators are located on the fault identification panel.)

i 1. Gyro logic Gyrol. 2, 3
' ISS Valicities 1, 2, 3
S.  Manual longitudinal logic | G/S MAN1 and 2
¢ Pitek monual warning 1, 2
3. Manu=a] lateral logic LOC .
Roll manual warning 1, 2
4. Auto logic A/P ROLL, A/P PITCH
5. Land arm logic LAND ARM
6. Flare logic FLARE
Continued
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7. Radar altimeter logic RDR ALT

8. AWLS disengage Aileron, elevator, autopilot disengage
9. R/GA logic R/GA

R/GA mode signal
R/GA mode select

10, TPLC indicator logic TPLC
A/P command roll, pitch unit fault
-indicators

Sublogics are interdependent in that they have many input signals in common,
and they generate logic functions for each other. Most of these logic functions
are not active until after AA, which means that there has to be an AWLS armed,
and glide slope beam engage condition present, and that the TPLC has completed
a preland test sequence. These conditions are necessary to produce the AA
signal, which is generated within the TPLC. Exceptions to the AA condition are
the gyro logic, R/GA logic, and AWLS disengage logic which have full-time
monitoring capabilities. Both flight directors and the ATS actuate warning
indications on the fault identification panel independent of the TPLC.

The following logic equations show the conditions necessary for a fault warning,
Lower case alphabetical validity symbols are from AWLS subsystems and are a
logic "O" when a fault exists, Comparatcr alarms within the TPLC, such as
PO, 4, Rlp3, etc. are logic 1 upon alarm. In the case of the logic equations, a
warning logic is true when the term on the right equals one.

o TPLC lLomic Equatiors -

cc Pregress Display Lights -

LOC = Antenza Swileh in noge position = AWLS ARM
(FD1 LOC beam engage + FD2 LOC peam engage)

2, G/S: (Pilots) = AWLS ARM - FDL G/S beam engage
(Copilots) = AWLS ARM - FD2 G/S beam engage

3. APPR ARM (AA) = preland test complete

4. LAND ARM (LA) = AA * LAND ARM trip (100 ft) - u

VOL. IX 10-13
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5. FLARE (FE) = AA- flare engage

oo Fault Lights -
1, TPLC = (PIj2 + PlIp3 + RIj2 + RIj3 + RIpg+ POj12 + POj3 + POgg + ROy +
RO13 + RO23 + DGF2 + DGF3)
2. i.oc=AA- (ﬁ+latch)
3. ..G/SM.:ANI-;AA- [ kK)+@m-. f‘-E):i-latch]
4, G/SMAN2=AA. [(.))+ (m+ FE)+latch]
5. A/PROLL=AA. (b+Vv+h+g+c+n+a +latch)
6. A/PPITCH=AA. [d+o+(-K)+(m. FE)+s+g+LA+(u-.t.p.
FSV) + latch ]
7. GYRO1 = (RLj5 * Rij3) + (Plyg - Phi g + (ADLR + ADI; D) + latch
8. FLARE = AA - (p +u +t+1atch) Flare Self Test Complete
9. LAND ARM = AA * (p +u +t latch) |
10. RDR ALT = AA. (u + latch)
11. ‘THROT = ATS ARM + ATS engage
12, R/GA = (R/GA select - e) + latch
13, FLT DIR ! = FDI valid
14, FLT DIR 2 = ¥D2 valia
13, Spzre
16. GYRO2 = (Rlj2 * Rlg3) + (Pl1g+ Plgg) + (ADIsR + ADI5P) + laich
17. GYRO 3 = (Rij3 - Rip3) + (P35 * Plpg) + 2 + latch

A sMﬂhed diagram of one type of warning logic used in the TPLC is- illustrated
in Figure 10-7.

It should be noted that all validity inputs from the autopilot and the flare computer are
associated with an automatic AWLS approach., I validity 4, 5, 19, or 23 goto a
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logic "0, " the expander gate formed by AM 12 and AM 14 produce a logic "O"
output to the fault warning system, providing that the AA signal is present.
Should the autopilot desensitizer channel (No. 3) fail within the A/P coupler,
both C-17 and C-16 would go invalid ultimately causing an A/P PITCH warning.
Validity 18 has no effect on the output of AM 14 if the aircraft has reached the
flare engage (FLARE) step of the approach simply because glide slope signals
are no longer used at this point. Likewise, validities P, U, and T are blocked
out until LA,

Validities 1, 2, 3, 8, 13, 14, and 22 may cause A/P ROLL warning, Here again
the warning logic is inhibited until AA,

Power Monitor - The TPLC power supply system contains two redundant trans-
former=-rectifier units with multiple regulators and protector circuits, two
redundant 115~-volt rf filters, and two power voltage monitor circuits, Full
TPLC functional capability is maintained with either of the power supplies
operational or with either one of the two ac-input power lines energized.

Eack of the de voltage sources in both supplies is monitored for validity through
two non-redundant monitor circuits. One monitor circuit checks all power unit
voltages with the exception of those voltages used in the vertical gyro section.
The other circuit monitors the vertical gyro voltages. A failure within either
power unit produces an alarm in the common monitor which causes a TPLC
indicator and fault light indication, A total loss of vertical gyro voltage must
occur before the gyro monitor circuit is tripped. Tkerefore, since the zyro
section is fully operchle cn one supply, a gyro alarm is not produced uniess the
gyro power voltage is incperable,

Both monitor circuits consist of integrated operational amplifiers whickt drive
Schnidt trigger cireniis, A deviation of = 3% percent {rom any single sowrce
causes an alarm,

- Tt mam oarch 1 aam A etk aeef@ra (e tTa s Sallareele
SaFRIe aima, PO2OWC VACT I 2NMISIC 10 WIE ASLTWILE

o Fault Indicaticns - Fault indicater buttons, locatad on the frort panel of the
o TPLC

o Autopilot coupler

o Vertical Accelerometer No, 1

o Vertical Accelercmeter No. 2

o Vertical Accelerameter No, 3
o Vertical Accelerometer No. 4
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Horizontal Accelerometer No, 1
Aileron Computer
Elevator Computer

Yaw Damper Computer

O 0 © o0 o

Master (Operated any time one of the above indicators trip. )

These indicators simply aid maintenance personnel in locating a faulty component;
no circuit is opened or closed because of a popped indicator., An accelerometer
alarm (logic 1) from the monitoring circuits trips their respective accelerometer
indicator buttons during a programmed test only. Any gyro failure or any ISS
comparator alarm pops the TPLC button, Validity 22 (aileron torque monitor)
and validity 23 (elevator torque monitor) control the aileron and elevator indica-
tors respectively., Roll crossfeed validity 1 sets the yaw damper button. All

nine validity inputs from the A/P coupler are instrumental in controlling the A/P
coupler indicator,

All indicators are operable during the enroute test; therefore, if one of the listed
units should fail to test properly, the indicator for that unit is tripped. During
an AWLS approack, all indicators, with the exception of the accelerometer
monitoring, are operable,

o AWLS Disengage - To ensure against an A/P commanded hard-over control
signal during a critical portion of an approach, disengage relays are provided to
remove A/P control should a fault occur. Redundant disengage relays have teen
used to assure that an axis will be disengaged should a failure occur in that
chanxel.

Figure 10-8 illustrates a simplified relay logic diagram., As an example, an
invalid condition, which causes the auto roll logic to alarm, is assized. Relay
K6 would erergize opening the loop to the ailerct servo clutch, It case the ralay
corntacts foiled to open, the Super Validity Roll (SVR) signal from the A/P would
czuse K5 to energize, The end result would be aileron servo clutch disengage-
men:, DPitch disengagement is sim ilar except that in addition to auto pitch and
VT, o Sager Velidity Flare (SVI) fnilure frons the A/P far channel cntizes
interruption of elevator servo clutch, ATS, and horizontal stabilizer trim
interlock,

When both roll ard pitch channels become unreliable, the holding voltage fo the
A/P engage solenoid is removed, which causes camplete A/P disengagement.
In addition, the solenoid drops out when R/GA is selected or when DGFq cccurs.

The disengage relays are tested for proper operation during the preland test.
Since an AWLS disengageraent is undersirable during that portion of the approach,
relays K1 and K2 are energized to provide an alternate path for current. If the

VOL. IX 10-17

&



8T-01

ap engage solenoid

atil roll
— k6 14 kS 5 k2 '
't,‘ ::‘\
28vdc iy k4 11 K3 "L ail servo

o— L 11 13

| <2 j k6 kS

" ‘pitch
k1 elev servo,
28 vdc ats hor stab. trim
*

k1=aa2
k2=k1 aal L
k3=auto pitch .
k4=svptsvf note: aal and aa2 provided dpring preland test only.
kS5=svr

k6=auto roll
k7=dgf3+r/qa select

XI "I0A

FIGURE 10-8, AWLS DISENGAGE RELAYS



-

disengage relays fail to respond properly to test commands, the AA signal is

inhibited to the flight progress display panel and a Category IT approach is not
possible.

AWLS Switching - The TPLC provides the external switching necessary for an
AWLS approach and the progress information to the pilot and copilot.

o Localizer Antenna Switch - Upon reception of the localizer beam engagement
signal from either flight director, the TPLC switches the localizer receivers
from the tail to the nose antenna. Reception at the nose antenna provides more
accurate lateral guidance. When the switching is completed, the LOC lights on
the progress display panel are illuminated.

o Radar Altimeter Self-Test Inhibit - When the localizer beam engage sigral is
received, the self-test feature of the radar altimeter is switched out of the
circuit by the TPLC.

o Flight Progress Display Switching - In addition to the LOC light, the TPLC
controls the illumination of G/S, APPR ARM, LAND ARM, and FLARE ligats

on the flight progress display panel. G/S annunciation occurs when the glide
slope beam engage signal is received from the flight directors. .  APPR ARII is
announced after a successful preland test. LAND ARM is a function of radar
altitude and occurs at 100 feet. Ihumination of the FLARE light occurs when

the flare computer begins providing guidance commands to the A/P and the ADTs,

o R/GA Switching - Upon reception of a ground signal from either the pilct's or
the copilot's R/GA engage switch, the TPLC disengages the A/P and swi‘ches the
Dight directors into the R/GA mode.

c A/P \/Ioﬂe Switching - At AA, the copilot's flight director is switczed o+ th
TPLC into the A/P mode. In this mode, the copilot's ADI displays the A/P
ser"o errcr, I£an A/Paxis is disengaged, the asscciated steering bar ‘bani or
nitch depending on which atds is disconnszetsd) reverts 1o flight dirzetor L ontodl,

S

-
1
~

st Procremming - In order to verisy the functional integrity of the AWL
agroromeniz, holi an envoute and 2 onrelnnd test are nromranemed boothe 7 7.
Initiation ol 2 preland test occurs asutomatically &t giide siuvpe bean. engu oileni.
while an earoute test is iritizied manually pricr to descen: to aprroack Ziif

In fact, the snroute test encompasses the preland test since the first step of tha
enroute test is the preland test.

The normal programmer, used for both the preland test and the enroute test,
consigts of 5 flip~-flops {divide by two networks) and a decode mamrix as shovm
in Figure 10-9,
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A redundant counter is used to check the program to assure that the proper
sequence has occured.

During the preland test, the program clock generates a pulse each second. The
binary counter and the decode network combine to produce 15 test-heal steps,
each step baving a duration of 2 seconds, Therefore, the preland test requires
30 seconds to complete. Twelve clock pluses to the redundant coumter are
inhibited so that the binary output from this counter at the end of the preland
test should be 10010 or 18.

If the counter is not at 10010, the preland test is ruled unsuccessful and a fault
exists in the system, When the preland test is being run as part of the enroute
test, the normal program counter is reset, and the program clock again produces
counting pulses. The clock, however, now produces a pulse every 1.5 seconds
except for three test steps where 12 secconds are required to complete a test~
heal sequence. The test steps are fed to program distribution where test com-
mands are generated,

0 Preland Test - The preland programmer performs a test of the internal TPLC .
warning logic, and lateral and longitudinal comparators. It also iritiates an
integrity test of the flare computer., Prior to exerzising any external validity,
the TPLC performs a preland programmer verification test to assure that no
fault exists in the programmer itself, This takes about 12 seconds to complete.
After the programmer validity has been verified, a step-by-step test of each
validity is initiated. If a validity fails tc test or keal properly during the

axternal test, a failure warning latch is set, At APPR ARM th2 applicabie
warning light illuminates,

Foliowing is a brief description of the preiaad test.

P I !

— - e e
- = TJ ' SIS InAY L X V28N
T2 ! D oanl ! enat A ~ 1 mmagenm A s A AT At
»0 i FIeani tase Comuinanq o ;=T IS -'.,';--:.'.... reve =
- -

; tve FT 3 rawe

8 ond 1) in the A/ P coupisr; Zara tost

. - PR ~ v a P

:

} Tlore and suger validity flare tested Dy

l applying an internal land arm sicnzl, simcs
[}

———eves o

the flare computer is in test a flare fzilura
warning should occur.

[P

Continued
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T8

T10

T12

T13 -

T14

T15

eme———

Preland test command 2 trips desensitizers
comparators C-13, C-15, C-16, and C-17
in the A/P coupler; validity 18 simulated
invalid; flare engage internal signal is
simulated,

Preland test command 1 trips radio input
comparators C~14 and C-18 in the A/P
coupler; simulated flare engage signal is
removed.

Preland test command 4 tests A/P CWS
comparators C-3 and C-5, .

Preland test command 5 trips A/P servo
follow-up comparators C-2 and C-4

No test performed.

The two high torque validity inhibits removed;
flare test command removed.

Preland test command 6 tests the A/P
coupler radar input comparator C~10;
roll crossfeed comparator C-1 tested;
accelerometers are tested.

Test complete.

o Enroute Test - The tests performed in the enroute test follow:

TO

|
Jl

Preland test.

Radar altimeter trips to the copilot's and
A/P's glide slope desensitizers are removed;
radar altimeter altitude inputs to the A/P
coupler are simulated at 40 feet by the
TPLC's analog simulation circuits; naviga-
tion signals generated by the TPLC cause

10-22
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comparators C-13, C-15, and C-17 in the
A/P coupler to trip; No. 1 roll and No. 2
pitch ISS outputs and No. 3 roll and pitch
ISS inputs are tripped.

T2 Radar altimeter trips to A/P glide slope
and localizer desensitizers causing C-16,
C-17, and C-13 to alarm; test signals in-
jected into No. 3 roll and No. 1 pitch ISS
inputs, TPLC power monitors tripped.

T3 Copilot, pilot, and A/P G/S desensitizers
trip; signals injected into all three pitch ISS
inputs and all three pitch ISS outputs.

T4 Error signals injected into aileron and

. elevator servo models; signals injected into
No, 2 roll and No. 3 pitch ISS inputs; TPLC
power monitors are tripped.

TS Gain of deviation signals to the pitch and roll
models in A/P coupler is lowered causing
pitch and roll output comparators C-9 and
C-19 to trip; ADI roll HI monitor trips.

T6 CWS comparators tripped; ADI pitch HI
monitors are tripped.

T7 Roll crossfeed comparator is tripped by

decreasing level of crossfeed signal frem
aileron cocmputer to tke Y/D compuier, :
Test signzl injected into ADI No, ~ andiNo,
2 roll LO monitors.

hath) ~ ) H Py o - N
Pileis ING. L) simulated ravigution deviitic
3 LIS e Frr it ey T e T ae. .~
signals e removad fniling VT2 anc 13 A
£

No. 1 and 2 pitch LO monitors trip.

13
0

Auxiliary radar altimeter input returned to
control of radar altimeter, A/P radar
altitude input is simulated at 1000 feet;
signals injected into ISS No. 2 roll, and No.
3 pitch outputs,

Pttt s 5 ga - B S S vman i < A me e oA

Continued
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T10

T11

T13

T14

Ti2

Test command sent to R/GA tripping AOA
comparator; signals injected into ISS No. 1
pitch and No, 3 roll outputs.

FE1 and FE2 signals simulated by TPLC,
integraters in flare computers allowed to
function 12 seconds; test commands to No. 1
ADI pitch and roll LO monitors; gyro 3
power monitor is simulated invalid.-

No. 1 FE signal is removed, No. 1 flare
channel switches to synchronizer mode, with
the simulated flare signal present, the No, 1
flare integrator drives to zero tripping the
pitch output comparator failing validity V-19;
signals sent to ADI No. 2 piteh and roll LO
monitors,

Radar altimeter placed in self-test mode,
V-24 fails and FSV fails; signals sent to ISS
tripping RI 12, RI13, PI 12, PI23.

All FIP lights which have been latched are
illuminated and the test in progress light
extinguishes, If the enroute test was
successful no fault lights {lluminate, and
the AWLS reset comes on,

MASTER CAUTION SYSTEM (MCS)

T2 LICS ccatrols tke iNlumination of the 17 lamps on the fault identification
sarcei and the master caution lights on the two 1lizht progress display pieis,
Both fight directors, the TPLC, and the ATS supply fault logic to the MCS. If
an AWLS fault occurs, the MCS causes the appropriate lamp on the fauit identi-
fication panel to flash and either the auto or manual caution lamp on the flight

progress display to illuminate,

Either the pilot or the copilot may acknowledge the fault by actuating the reset
push button switch on the flight progress display. After reset, the fault light is
on steady, and the manual or auto master caution light goes out.

The major system component is the master caution controller located in the left
hand under deck rack, Contained within this unit are 11 manual fault light

¢
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drivexs, 6 auto fault light drivers, manual and auto flashers, plus auto and
manual fail-safe circuits. Twenty-eight volt dc power is supplied to the con-
troller from the main dc avionics bus No. 1 through two S-ampere circuit
breakers on the avionic circuit breaker panel.

stem ration

Seventeen light drivers located in the master caution controller cause illumina~-
tion of an associated fault light, as shown in Figure 10-10, Eleven channels are
supplied manual logic while six channels receive logic from subsystems whose
furctional integrity is required to perform an automatic AWLS approach. A
logic "O'* on any input causes an associated fault light and a master caution lamp
to illuminate.

The master caution controller contains a manual flasher and an automatic flasher
as shown in Figure 10-10, A fault logic "O" on any input causes a relaxation
oscillator to begin operation. The oscillator output biases the light driver on
and off at a rate of 75 to 135 hertz.

Once the fault is acknowledged by either the pilot and copilot, depression of the
master caution reset switch applies 28-volt dc to a Silicon Controlled Rectifier
(SCR) in the light driver circuit. The SRC fires to apply a steady-on-bias to tie
light driver. At the same time, it interrupts the current flow through the master
caution lamp. The fault light stays on as long as the logic input indicates an
undesirable condition. .

Two fail-safe circuits are employed to ensure a fault light illumination skouid
the flasher fail to operate. One second after a fault is detected, a fzil safe
circuit assumes bias controi over the light driver, If the flasher begins to
operate normally at a later time, the fail safe circuits are deactivated, aad
driver bias control depends on the flasher.

" “The three-position AWLS annunciator test switch applies a ground &5 the lignt

drivers in "TEST" (simulating a fault legic "O") and 2S-volt de to tke fai: safe
circuits in "FAIL SAFS TEST" (simulating a lasher fault),
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HORIZONTAL AND VERTICAL ACCELEROMETERS

An accelerometer is a self-contained unit and consists of a floating vane,
an acceleration sensing mechanism, and solid state circuits, Electronic -
circuits perform the generating, sensing, and modifying functions
necessary to produce ac and dc outputs that are directly proportional to
acceleration applied in the sensitive axis. The sensing mechanism and
electronic circuits form a closed-loop system. Outputsignals produced
by the mechanism in response to acceleration are amplified and fed back
to a torque coil in the mechanism to return the vane to the neutral
position. Torque current required to null the loop is directly proportional

- to the acceleration force and is, therefore, a measure of that force. This
current is used to produce the output voltages. Built-In Test Equipment
(BITE) protection is incorporated in the unit. There are four vertical and
two horizontal units installed in the aircraft. ’

Accelerometers are located in the center wing above the cargo corpartmen:
as shown in Figure 11-1,

SYSTEM OPERATION

The accelerometers are autcmatically operated by usicg system power
md zireraft acceleration, Their outputs are monitorsc Zor preder
cveration. Seli-test by externa! command checks the accuracy of the
accelerometar operaticn and alse caecks the fault logic circuil,

Ty T Ty - A
SPLCINICATICONS

e e —————— ————————— )

[

Modules Servoamplifier, active filter
400-hertz modulator, power supply
Fault logic sensing mechanism

Voltage Input 26-volt ac, 400-hertz

Continued
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SPECIFICATIONS (Continued)

-Outputs Acceleration ac
. o ‘ Acceleration dc
i DC dummy load

Test By test command, accelerometer

torqued by a fixed voltage
Current test provisions

THEORY OF OPERATION

The sensing mechanism provides an output that is proportional to tLe
acceleration acting on the sensitive axis.

The servoamplifier consists of a 4~-megahertz oscillator, a current doubling
detector, an amplifier, and a feedback network as shown in Figure 11-2. The
vane reduces the oscillator's Q, thus reducing the rf output. Oscillator output
is rectified, doubled, filtered, and then amplified in three stages. This voltage
is applied to the torque coil in the proper phase to null the vane change, Torque
voltage is sent to the dc output terminal and the modulator hoard, Negsative
ieedback through a thermistor compensates for coil damping and temperature
changes.

The pickoff coil is mounted near one end of the vane and is positioned so that
movercent cf the vane varias the distazce ircm the vare to the coil. A tcrque
gull i5 mountad in a recess in the othier =nd of the vane and is in the ficid of a
permanent magnet as skown in Figure 11-3. The coil is oriented so an electric
currect through it tends to move the coil and thus the vane, Vane movement
drnends on the dirccticn of current Zow. ~which, inture, causes a torgue to

— . X . : . .
o aerm eem s i o cmpenens Saream s Am sk e mgrme af Arewpeame i s
e WG VORE. Lo enount of srgue dspends on ih2 imoums of current in the

“Jertical and horizontal accelerometer units are similar except that the
norizontal unit requires a correction to add a fixed 1-g output. A fixed hias
from a voltage divider is used. The vertical accelerometer derives 1 g irom
the earths gravity. ‘

An active fiiter is connected across the dc output to determine tke frequency
response and to limit transient and vibration responses.

11-2 VOL., IX
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FIGURE 11-2, ACCELEROMETER DC OUTPUT BLOCK DIAGRAM
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FIGURE 1i-3, SENSING CIRCUIT

cliffers, a fil.c» perwsrk,
m..,;.-: iansicrmer, ooliodr domiwator. o & ::3:1:;:.; aolillu, =l .

dback network as shown in Figure il-4.

e m>duiotor sensists of a2 ipour iransformer,

0" tz :‘:]
IK.: %

Ac input is amplified and applied to an output transformer. Orne cutrul goes ic
the fault iogic and accelerometer putput; the other is rectified ard appli=d o
an integrated circuit differential amplifier with torque dc output. Torque dc
and power dc differznce is applied to a Field Effect Transistor (FET).

The FET output is coupled back to the power input amplifier. The FZT acis as
a variable resistor in the emitter circuit which varies the gain in the ac power

VOL. IX 11-5
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FIGURE 11-4, MODULATOR UNIT (TYPICAL) BLOCK DIAGRAM

circuif. Gain variations keeps the ac RMS value the same as the torque dc
voliage.

Fault detection logic detects any condition that results in positive saturation of
the torque servo system for more than 1.5 seconds., Self-test circuits provide
dynamic testing of the torgue servo circuiis, X the mcdéulascr ac exceeds 18,1
volts, RMS in the logic circuit, power is removed from the modulator. Any
fault is indicated at remote points (TPLC). If the voltage regulator ailows the
output to exceed a zener voltage, the fault relay energizes, which removes

power from the modulator and changes the dc output to ground.

The power supply receives 26-volt ac through an rf filter and an isolation
transformer to the bridge rectifier, Rectified ac is applied through a regulator
circuit set at 19, 6-volt de. Fixed, selected bleeder resistors set the output
voltage. Regulated dc output goes through the fault relay contacts to other
circuits as shown in Figure 11-5.

[
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Self-test provisions are made to test the accelerometer by means of BITE. A
28-volt dc through the test command relay causes 19. 6 volts, dc to be applied
to the torque coil and to a large capacitor as shown in Figure 1-2. This
voltage to the torque coil causes an over-torque condition. The fault logic will
trip causing a fault indication at the TPLC which indicates correct fault logic
functioning. With the test off, the fault relay deenergizes, removing the test
voltage from the torque coil. The charged capacitor, when returned to a
transistor base, provides a large overrange current in the torque coil to return
it to normal faster. A current test (in shop) injects a 1-milliampere current
into-the torque coil. The current causes the amplifier to change to maintain
"the correct torque coil current. A dc change caused by the test current is
equivalent to an acceleration of 0,5 g.

Systems using the accelerameters are the R/GA, Flare Computer, and TPLC.

I i

b i, ac. 13.1v levaiL
dc torque "‘7&9 —> det and !

voltages ©—>i ampl amp1. ampl |
IZSvac?
accei a.c. out °
| tcrque §
accel d.c. outq..l Servo W
' ecircuit | ; 19.€vdce
1' N ,/'\; N/
} é k1 \,:/,
cvar valtzgze consrsh { ;

S e

FIGURE 11-5, FAULT LOSIC -
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AOA
A/P
APL
APPR ARM
APV

CATI
CATII
Cc/B

VOL. IX

APPENDIX

ABBREVIATIONS AND SYMBOLS

aimpoint No, 1
aimpoint No., 2
Approach Arm
Atitude Director Indicator
Automatic Frequency Control
Automatic Gain Control
Aerospace Ground Equipment
Altitude Hold
Altitude Hold Capture
aileron
longitudinal (horizontal) acceleration
vertical acceleration
Angle of Attack
Autopilot
Autopilot Lateral
Approach Arm (AA)
Autopilot Vertical
AWLS Test
Automatic Throttle System
Automatic
All=Weather Zanding System

" Built-In Test Equignent
Beam Signal Switch
Central Air Data Computer
Category 1
Category II
Circuit Breaker

A-1



cC
CLK
Loup_

DOP(P)
DP

EIAP

A-2 T

ABBRE VIATIONS AND SYMBOLS Continued

Confidence Check

Clock

Coupler

Crystal Diode

Control Transformer
Control Wheel Steering
decibel

desensitizer

turn control in detent
Displacement Flag

Double Gyro Failure
distance from a, to target (offset)
doppier computer (ASN-35)
Displacement Pointer
Distance-To-Go {X)

analog voltage

coincidence voltage
Elevator Filter dc (28 volis)
Engage Interleck

Engage Interlock Autopilot
elevator

threshold voltage

range voltage

En-Route Test

test voltage

flap position

Flight Director

Flight Director System
Flight Director Validity
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ABBRE VIATIONS AND SYMBOLS Continued

FE Flare Engage
FET Field Effect Transistor
Fil Filter
JIP Fault Identification Panel
FLAG Fail-Safe Latch And Gate
FPD Flight Progress Display
' FTCM Full-Time Cammand Modifier
¥U ‘Follow-Up
é'rnd ground
G/S Glide Slope
GSHC Glide Slope Holding Coil
GSSs Glide/Slope Signal Switch
GSW Glide Slcpe Window
H Altitude from sea level
by altitude of aimpoint
by, barometric correction
hg command altitude
B, complemented altitude rate IVV)
aDG ' beading
2 Al Date
=t aug augmented altitude rate
- altitude errar (actual)
La a.citude rate (vertical speeg) error
uvP Horizontal Pointar
hp CADC altitude
bpa radar altitude
H3 Hesding Selcct
HSI Horizontal Situation Indicator
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ABBREVIATIONS AND SYMBOLS Contirued

HSPD High-Speed Paradrop

Hz ' Hertz (cycles)
“IAS .. Indicated Air Speed

i-f intermediate frequency

ILS Instrument Landing System
1SS Intermediate Signal Selector
vv Instantaneous Vertical Velocity (altitude rate)
LA LAND ARM

LBS - Lateral Beam Sense

LF ' LOC Frequency

LMW Lateral Manual Warning

Lo - Lateral Off

LO Local Oscillator

LOC localizer

LVFF Latch Verify Flip Flop

MCS Master Caution System
MDA Minimum Decision Altitude
MH Mach Hold

ME Manual Heading

ms milliseconds

NAV {ASN-24)

NSN Navigation Select Navigztica
PCPD Pilot/Co~Pilot Disconnect
PCWS Pitch Control Wheel Steering
PIT Pitch Integrator Test

PM Power Monitor

PMW Pitch Manual Warning

PO Pitch Off
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ABBREVIATIONS AND SYMBOLS Continued

TGA Track Gate Amplifier
T, Time Reference (zero time)
-TPLC Test Programmer and Logic Camputer
TR Throttle Retard |
TRK ‘radio track track
v . speed
VBS Vertical Beam Sense
VER NAV Vertical Navigation
VF Vertical Flag
VG Vertical Gyro
Vi Variable Intercept
VN - : VER NAV
VNC VER NAV Capture voltage
VP Vertical Pointer
o+ Negated VP -
LA Vertical Velocity Indicator
WL Warning Light
X Distance To Go (DTG)
capture maneuver pointer
v Yaw Damper
SYMBOLS
et a actual AOA signal
xE AOA error
én altitude error (calculated)
éF Flap Position

* overlining of letters indicates negative
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R/GA
RLY

RT
RTC
SCR
SEL
Ss
ST
STA

VOL. IX
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ABBREVIATIONS AND SYMBOLS Continued

Pulse-Repetition Frequency
Pre-Select Course

Preland Test
Press-To-Test

Transistor

Roll Control Wheel Steering
Roll Engage

radio frequency

Rotation Go~Around

relay

Rcot Mean Square
Receiver-Transmitter
Eadio Track Capture
Silicon Controlled Rectifier
select

Signal Switch

Self Test

Strobe A

Strcbe B

System Validity

Super Validity Flare

Super Validity Pitch

Supzr Valicity Ro:l

elapsed time

Track Angle Error

Tracking Automatic Gain Control
Turn Control
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ABBRE VIATIONS AND SYMBOLS Continued)

pitch angle signal

pitch rate signal

VER NAYV angle
programmed angle of attack
bank angle signal

bank rate

signal summation points



